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APPLIED TECHNCLOGY LABORA" Y POSITION STATEMENT

The Advancing Blade Concept {ABC) rotor system was conceived as a means to alleviate classical retreating blade
stall limitations and permit rotary wing flight throughout an expanded flight envelope. Unlike earlier g=neration com- :
pound helicopters, which used wings to unload the rotor at high speeds, an ABC helicopter retains rotor lift under

high speed/high altitude conditions and therefore does not need a wing.

This report addresses the research, development, and test effarts involved in demonstrating the feasibility of the ABC
rotor system. It covers contractual work spanning 8-1/2 years during which time the ABC rotor evolved through ;
design, small scale wind tunnel tests, miscellaneous laboratory and ground tests, incarporation into the XH-59A demon-

strator aircraft, an finally, test of that aircraft. The primary emphasis is on flight test results — as a puis helicopter

up to level flight speeds of 156 knots true airspeed {KIAS) and with auxiliary propulsicn up to level flight speeds of

238 KTAS. R

g

Test results have been igvorable and have verified the feasibility of this type of rotor system. Many of the original
concerns relative to handling qualities and rotor stability have been laid 10 rest. Some insight has been gained into
the magnitude of the design compromises needed to accommodate both conventional and high speed flight in one
rotary winq aircraft.

- A oroduction ABC helicopter would require the application of composite materials technology and rotor redesign 1o

B reduce the rotor weight fraction. For missions requiring speeds above approximately 160 knots, an integrated
lift/thrust propuision system would be used to selectively power the rotors for lift or power the fans (or propelier)
for thrust. Some type of vibration attenuation device would 2iso be needed.

Results of this program will form a data base from which subsequent ABC designs can evolve. Technical areas
requiring further R&D effort to exploit the potential of the ABC rotor have been identified.

Flight testing of the XH-59A under Navy contract DAAKET-80-C-0021 is continuing. The speed envelope has been
expanded to 263 KTAS and the aircraft has been flow.: to a density altitude of approximately 25,000 feet.

M:. Harvey R. Young and Mr. John A. Macrino from the Aeronautical Systems Division were the project engineers
for this program, and Mr. Duane R. Simon was the project test pilot.

DISCLAIMERS

The findings in this report are not tc be construed as an official Department of the Arhy position unless so
designated by other authorized documents.

When Government drawings, specificatiuns, or other data are used for any purpose other than in connaction
with a definitely related Government procurement operation, the United States Government thereby incurs no
responsibility nor any obligation whatsoever: and the fact that the Government may have formulated, furnished.
or in any way supplied the said drawings, specifications, or other data is not to be regarded kv implication or
otherwise as in any manner licensing the holder or any other person or corporation, or conveying any rights or
permission, to manufecture, use, or sell any patented invention that may in any way be related thereto,

Trade names cited in this report do not constitute an official endorsement or approval of the use of such
commercial hardware or software.
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PREFACE

This report describes the results of a flight test program
conducted with the Advancing Blade Concept (ABC) aircraft,
serial number 21942. Tests were conducted in both the pure
helicopter ard the auxiliary ropulsion configuration.
Flights were performed by the Sikorsky Aircraft Division of
United Technologies Corporation under Contracts DAAJ02-72-C-
0020 and DAAJ02-75-C-0009, with the Applied Technology Labora-
tory, U.S. Army Research and Technology Laboratories, Fort
Eustis, Virginia. Testing was conducted at the contractor's
flight test facilities in Stratford, Connecticut, and West
Palm Beach, Florida, and at Rentschler Field, East Hartford,
Connecticut. Prcgram Managers for the c¢ontractor were
Messrs. G. Stack, D. Jenney, D. Halley, and A. Linden.

Flight testing in the pure helicopter configuration commenced
on 21 July 1975 and was completed on 9 Marcn 1977. The air-
craft was modified with turbojets for auxiliary propulsion,
and flight testing in that configuration began on 6 April 1978
and continued through 31 May 1980. It was conducted under the

supervision of Messrs. W. Groth, A. Ruddell and R. McCutcheon.

The Sikorsky test pilots were Messrs. B. Graham, D. Wright,
J. Wright, C. Evans, and R. Holasek. Government evaluaticn
pilots were Messrs. D. Simon, Applied Technology Laboratory,
R. Gerdes, NASA Ames Research Center, and Maj. M. Blair and
Lt. Cmdr. T. MacDonald, Naval Air Test Center. Messrs.
H. Young, H. Murray, D. Simon, J. Whitman, D. Arents, and
J. Macrino were the Army Technical Representatives.

Funding for contract DAAJ02-72-C-0020 was provided by the U.S.
Army. Funding for contract DAAJ02-75~C-0009 was provided by
the U.S. Army, the U.S. Navy, and the National Aeronautics and
Space Administration (NASA). The U.S. Air Force supplied J-60
engines for auxiliary propulsion flight testing.
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INTRODUCTION

The Advancing Blade Concept (ABC)TM rotor system, with a pair
of counterrotating, c¢oaxial, very rigid hingeless rotors,
represents a significant departure from all predecessor heli-
copter rotor systems. [t derives its name from the fact that
the predominant lift load at high forward speeds 1s carried by
the advancing blades on both sides of the aircraft. Since the
retreating blades are not required to carry a significant
fraction of the total lift lcad at forward speed, the speed
and load factor limitations of ti.e conventional heliccpter due
to retreating plade stall are eliminated. Unlike a conven-
tional helicopter, zrotor 1lift capability 1s retained with
increasing speed, and speed capability is maintained at alti-
tude.

In addition to performance benefits, the ABC's unique coaxial
rigid rotors vrepresent a significant departure from past
practice in handling gualiities, acoustics, locads and dynamics.
As with other coaxial counterrotating rotors, torque cancella-
tion 1s provided, thereby eliminating the need for a tail
rotor and 1ts associated shafting and gearboxes.

Advancing Blade Concept development began in 1964. Extensive
analytical and experimental studies culminated in the test of
a 40~-foot~diameter rctor in the Ames 40-x-80-foot wind tunnel
in 1970 (Reference 1). The wind tunnel tests covered a speed
range of 80 to 180 knots and advance ratios of 0.21 to 0.91.
Test results confirmed the performance potential of the ARC
rotor system. In addition, the full-scale wind tunnel program
developed materials technology and fabrication techniques to
make construction of a demonstrator aircraft practical.

In December 1971 the U.S. Army awarded Sikorsky Ailircraft
Contract DAAJ02-72-C-0020 to design, fabricate, and fly the
XH-59A to demonstrate the performance, handling gualities, and
maneuver capabilities of the ABC rotor system. In August 1973
the first demonstrator aircraft, S/N 21941, was badly damaged
in a hard landing during low speed forward flight test. A
thorough accident investigation established that the incident
was not inherent to any basic flaw 1in the concept. In
November 1974 contract DAAJ(02-75-C-0009 was awarded to con-
tinue the flight test program with aircraft S$/N 21942. This
report documents the results of that contract.

1. FULL=-SCALE WIND TUNNEL INVESTIGATION OF THE ADVANCING
BLADE CONCEPT ROTOR SYSTEM, USAAVLABS Technical Report
71-25, Eustis Directorate, U.S. Army Alr Mobility R&D
Lab, Fort Eustis, Va, August 1971, AD 734338.
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Sixty-~six hours of helicopter mode flying have been completed
with the test envelope expanded to 156 KTAS in level flight
and 186 KTAS in a dive. Altitudes of 14,000 feet Were inves-
tigated.

Auxiliary propulsion flying was done in two phases. The
first phase involved testing with the two rotors mounted on
the aircraft to cross each other at the 90-degree azimuth

« 3 position. This testing included 24 hours and expanded the

- envelope toc 204 KTAS. The second phase of flight testing had
the rotors installed to cross each other at ¢ degree azimuth
position. This included 16 hours of flight tests and ex-
panded the envelope to 238 KTAS.

24

i iR
- S v 300 7l by ¢ 15



3

DESIGN DESCRIPTION

The XH~55A Advancing Blade Concept demonstrator aircraft is
designed as a research aircraft to investigate the rotor
characteristics .n both helicopter and auxiliary propulsion

modes. Figure 1 shows the aircraft in the helicopter mode,
and the auxiliary propulsion configuration 1is shown in
Figure 2. Table 1 summarizes the general aircraft attri-
butes. Detailed design descriptions are presented 1in the

following sections.

TABLE 1. XH-59A AIRCRAFT ATTRIBUTES.

Alrcraft Length (rotor turning)....... 41 ft 6 in.
Fuselage Length....... ... 40 ft 10 in.
Main Landing Gear Tread............... 8 ft
Helght. ... . ittt tianennnn 12 ft
Rotor Diameter........cuoveeeernncennns 36 ft
Number of Rotors......... .. ... ..., 2
Blades per Rotor.......... oo 3
Rotor Separation...............coouun.- 30 in.
Blade Taper Ratio............ ..., 2:1
Blade Twist (nonlinear).............. =10 deg
Total Rotor Solidity (P€75)........... .127
* R
Precone Angle......... ... vimiiann.. 3 deg
Prelag Angle......... ... i iiiinenn. 1.4 deg
Shaft Tilt....ieiiiiirerennnennnnnnnnn 0 deg
Design Rotor Speed (helicopter........ 650 ft/sec
aux propulsion)... 450 ft/sec

Drive System Design Power............. 1500 hp,
Tail Surface - Horizontal............. 60 ftz

- Vertical............... 30 ft
Elevator - & of Horizontal Tail....... 25
Rudder - % of Vertical Tail........... 30
Power Plants - Lift................... (2) PT6-3

= Thrust................. (2) J60-P3A
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Figure 1. ABC Fure Helicopter.

“

Figuare 2. ABC Auxiliary Propulsion Helicopter.
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ROTOR SYSTEM

The ABC rotor system consists of two three-bladed counter-
rotating rotors classified as rigid or more precisely, stiff
inplane hingeless. The latter name refers to that categery of
rotors which have no mechanical hinges in the two bending
degrees of freedom and which have a first chordwise bending
natural frequency higher than one times the rotor speed. The
flapwise bending stiffness distribution is based on the
following design requirements:

(a) The advancing blade concept involves allowing
a large part of the rotor lift to be generated
in the advancing portion of the rotor disc in
high speed flight using conventional one-per-
rev cycle pitch. This requires a relatively
high flapwise frequency (or effective hinge
offset) in the first flapwise bending mogde.

{b) The distance between the upper and lower
rotors is minimized to reduce drag. This
requires sufficient stiffness to prevent the
blade tips from contacting in flight.

(c) The stiffness distribution must resuit in
sufficient bending fatigue strength in the
selected materials under the high vibratory
moments generated by the rigid rotor.

To meet the stiffness requirements at a minimum weight, the
rotor blades are tapered in airfoil thickness, the highest

taper occurring inboard. In addition, the airfoil chord
length 1is tapered linearly from tip to root to maximize the
performance of the rotor. Figure 3 shows spanwise distribu-

tions of the airfoil chord length and thickness ratio. The
rotor blades have an effective built-in twist of approximately
10 degrees which varies nonlinearly from tip to root as shown
in Figure 4.

The rotor radius 1is 216 inches and normal operating rotor
speed is 345 rpm, yielding a tip speed of 650 feet per second.

The primary structural member of the rotor blade is the spar
which provides most of the blade's flapwise stiffness require-
ments. The spar 1is constructed of 6-4 titanium alloy to
maximize the fatigue stress allowable for a given weight in a
metal structure. The hollow member, highly tapered in both
wall thickness and periphery, is fabricated from a thick-
walled extrusion which is machined both internally and
externally and then hot formed to the required elliptical
shape. The inboard end is round and threaded for attachment
to the pitch bearing assembly.
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A laminate of boron-composite material is bonded to the upper
and lower spar surfaces to increase the stiffness of the
structure. A nosecap assembly consisting of shaped balance
weights and a polyurethene abrasion strip is bonded to the
leading edge of the spar thereby forming the leading edge of
the airfoil. The aft fairing of the airfoil is fabricated
from a continuous fiberglass (XP11l4E) skin over a Nomex honey-
comb filler; the whole assembly is bonded to the aft end of
the boron-stiffened spar. The fiberglass skin contributes
significantly to the total chordwise strength and stiffness of
the section. A sketch of a typical cross section of the blade
is shown in Figure 5. Spanwise distributions of the weight,
flap stiffness, chord stiffness, and torsional properties are
shown in Table 2. The data are presented as the ordinates and
abscissas o¢of straight 1line segments which approximate the
various property curves.

The rotor blade tip incorporates a fitting to which are
attached adjustable weights for balancing the blade spanwise
and chordwise.

The rotor's pitch bearings are a part of the rotor blade
assembly resulting in a very compact root end with a minimum
number of joints. A sketch of the rotor blade root end is
shown in Figure 6. The blade spar acts as a spindle in the
area of the bearings. A pair of roller bearing assemblies
transfer bending moments from the spar to the outer sleeve
which is rigidly bolted to the hub. Centrifugal loads are
transferred from the spar through a spindle nut into the pre-
loaded bearing stack. The ball bearing assembly, located
between the two roller bearing assemblies, transfers the
centrifugal load to the outer sleeve through a shoulder on the
sleeve internal diameter. The bearings are grease lubricated
and seals between the spar and sleeve contain the grease
within the space occupied by the bearings.

The blades of both rotors are preconed 3.0 degrees upward at
the hub to reduce steady flapwise bending stresses. The rotor
blade pitch axes are offset’ forward (in the direction of
rotation) of the centerline of rotation by 2.0 inches to
relieve the steady chordwise bending stresses due to drag.

The coupled natural freguencies of the rotor blade modes are
shown as a function of rotor speed in Figure 7. The rotor is
designed to operate near/at 100 percent (345 rpm) in hover and
low speed flight and at values as low as 70 percent in high
speed cruise flight. All the bending modes below 10 per rev
are shown. The first tcrsion mode is above 10 per rev over
the full operating rotor speed range.




Figure 5. Blade Cross Section.

TABLE 2. ROTOR BLADE SPANWISE DISTRIBUTION OF PHYSICAL PROPENTIES

wWeight Flapwise Stittness Chordwise Stiffness Torsional stiffness Torsaconal Inertia

xR (lbsin.) xR £, (1ban? x 10%) R EI. (1b.an? x 10°) xR G (1ban® x 10%) xR 1 e1b.an? sy
1.0 1.24 1.0 8. 1.0 56. 3.0 .o 1.0 1.63

.873 1.24 .748 16. 864 aQ . -926 3.1 .9719 1.63

.973 1.02 .634 28. . 691 lag. -810 5.0 979 1. 81

-939 1.02 -518 52. -514 212. -693 9.7 .944 1.8

-939 .32 .403 96. . 403 252. 579 19.3 .60 4.5

.737 .42 L35 126. .2B8 330. L5231 0.0 .40 7.8

.737 .28 .259 196. .173 460. -463 47.5 .23 13.%

.576 .42 .202 280. -11% &£30. 405 73.0 162 131

.403 -6B -las 480, .092 860 .3a7 11z.0 162 2.9 +

.288 .95 .09z 860, ) B&Q. .289 160. -139 12.3

173 1.40 [+] 860 - - .231 220. -139 4.7

-115 1.80 - - - - -174 335. S118 14 7

.092 2.20 - - - - -125 575. .lie 7.5

.092 9.70 - - - - -093 689 . 0. 17.8%

.030 9.70 - - - - 0. 689 - -
0. 0. - - - -

radius = 216 in.
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The tw¢ lower modes are highly coupled containing both flap
and chord simultaneous motion, the coupling being a function
of blade pitch, blade twist and rpm. Figure 8 is an exploded
frequency plot of these two modes showing the effect of collec-
tive pitch. The lower pitch applies to high advance ratio
conditions where the rotor 1is nonpropulsive. The lowest
frequency mode is predominantly chordwise at 100 percent but
changes to predominantly flapwise at the lowest operating rpm.
The chordwise mode remains sufficiently far from two per rev
at 70 percent rpm to preclude any stability problems. Note
that the first flap mode has a natural frequency of approxi-
mately 1.4 per rev at 100 percent rpm which corresponds to an
effective hinge offset near 40 percent of the blade radius.

2p

FREQUENCY ~ CPM

NOTE: FLAP OR CHORD INDICATES
PREDOMINANT MOTION OF
COUPLED MODE

LOWER OPERATING UPPER

[-— LIMIT OPERATING —or]
300 LIMIT
L T T L
10 50 %0 1.00 119

RPM/RPMyoam ~ RPM yopsy = 345

Figure 8. Effect of Collective Pitch
Fregquency of Lowest Two Modes.

TRANSMISSION SYSTEM

The ABC transmission is designed for 1500 horsepower. In
addition to powering the coaxial rotors, an accessory section
is provided to power the aircraft subsystems. Provisions are
included for a differential rotor speed drive for an alter-
nate yaw control system. However, 1t was found that the
system was not required due to excellent contrel achieved
with differential collective pitch and rudders in forward
flight.
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Figure 9 shows the general arrangement of the ABC transmission
system. A iine schematic presenting the gear reduction ratios
and speeds of the major components is presented in Figure 10.
Gearbox design data are shown in Table 3.

The main gearbox provides a 19.21:1 speed reduction between
the PT6T-3 engine and the shafts that power the rotor blades.
It supports the main rotor flight control system and is
attached to the airframe through four attachment points.
These attachment points include provisions for four gearbox
1solators whose angles of inclination pass through the effec-
tive mass center of the combined gearbox and rotor system.
The mounts then would provide isolation in the roll and vaw
directions, and a pitch link attached between the gearbox sump
and the airframe would provide a rigid support in the pitch
direction.

The accessory section, located on the rear of the main gear-
box, drives two servo pumps, one yaw pump (if required) and
the tachometer. The yaw control drive train is located on the
forward side of the main gearbox.

Torgue enters the main gearbox through the engine-to-gearbox
drive shaft and provides a maximum of 1500 hp at 6600 rpm.
Flexible couplings at both ends of the shaft compensate for
misalignment and motions of the gearbox relative to the engine
output shaft flange. A 3.84 to 1 spiral bevel gear reduction
set reduces speed, increases torque, and makes a 90~degree
angle change between the engine shaft centerline and the main
rotors. The planetary sun gear shaft transfers torque from
the bevel gear shaft to the lower pinions of the compound spur
planetary reduction set. The 5:1 reduction ratio planetary
drives the upper main rotor shaft counter-clockwise, looking
down, at 345 rpm via the lower ring gear and drives the lower
main rotor shaft clockwise at 345 rpm via the lower planetary
cage plate. A torgue shaft connects the plate to the bhottom
end of the lower rotor shaft. A spur gear mounted on the
lower ring gear to main shaft connector drives the vane-type
lubrication pump located in the sump.
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TABLE 3. ABC MAIN GEARBOX DESIGM DATA.

Bearing

Nomenclature rpm Gear Design I'rcrate
(hp) (hp)
Pinion, input bevel 6600 1500 703
Gear, input bevel 1717.81 1500 703
Sun gear 1717.81 1500 703
Pinicn, planetary 2748.49 1500/750 703

upper & lower gears

Ring gear, driving 343.56 750 -

From the lubrication pump oil flows through a filter to the
0il cooler located with the engine cooling package aft of the
main gearbox. A redundant oil filter monitored by a dual
indicating system is provided. Cocled oil flows from the o1l
cooler to the main gearbox. Indicators monitor the pressure
and temperature of the oil entering the gearbox, and displays
this information on the instrument panel and the advisory
caution panel in the cockpit center console. Integrally cored
lube 1lines distribute the o0il to the gears and bearings via
strategically located o0il jets. A screened magnetic chip
detector and a temperature bulb monitor oil condition and
temperature, respectively, before it reaches the lukrication
pump. A low pressure switch lccatec near the iast jet and
connected to the caution panel <warns of a pressure loss
between the gearbox oil inlet and the last o0il jet in the
gearbox.

The differential yaw control power train locected at the for-
ward end of the main gearbox transrits power from the yaw
control hydraulic motor (when installed) to the uppar plane-
tary ring gear in the main gearbox at a reduction ratic of
125:1. This power train consists of a 3.87:1 reduction ratic
spur set and a 32.275:1 compound planetary reduction set.
Complete provisions permit main gearbox operation either with
or without the differential control power train installed in
the main gearbox. At no time during the flinht test proc¢ram
was the differential yaw control power train installed. All
yaw control was derived from either differential rotor col-
lective, which produces differential rotor torque, or from :
rudders or a combination of these two.




FLIGHT CONTROLS

The XH-59A flight control system 1s a type II1 system as
defined by MIL-F-18372 and conforms to MIL~F-18372, MIL-F-9490
and MIL-5-8698. It consists of conventional helicopter cock-
pit controls, stationary and rotating mechanical c¢ontrol
linkage systems, dual hydraulic power boost systems, a dual-
channel SAS, and an electrically operated differential trim
system. With the exception of the rudder controls, the flight
contrel system is irreversible through rotor and elevator
hvdraulic control servos. In the test configuration, the
elevator was locked or powered by the servo of the elevator/
collective coupling system. Rudders are contvrolled through
direct mechanical linkage, and control forces are reversible
with respect to hinge moments and modifiable by ground adjust-
ed geared trim tab settings. Figure 11 presents a schematic
of the XH-59A flight control system.

The pilot's and copilot's menual flight controls are mechan-
ically interconnected, operate in unison, and consist of dual
cyclic control sticks, collective pitch levers, and direc-
tional control pedals. The upper and lower rotors share
cockpit control inputs. Collective pitch 1lever movement
controls rotor system total thrust by simultaneously increas-
ing or decreasing the pitch of each rotor blade. Longitudinal
and lateral cyclic controls aircraft pitching and rolling
motion by cyclically varying rotor blade pitch and generating
control moments. Directional con*trol pedal movement controls
aircraft yawing motion by deflecting dual rudders and by
controlling interrotor differential collective pitch, produc-
ing a resultant torgque about the rotor mast. Flight control
position 1ndicators are provided on the cockpit instrument
panel for longitudinal and lateral cyclic, coilective, and
directiconal control pedal.

Control Definitions, Conventions, and Equations

a. Flight control system conventions are as follows:

(1) 3Subscripts U and L denote upper and lower rotor
parameters, respectively.

(2) Rotor plane xrelative azimuth {y) is O degree
along the reference aligned with the longitu-
dinal axis extendinrq from the rotor hub over
the tail and positive in the direction of rotor
rotation (clockwise for lower rotor, counter-
clockwise for upper rotor from planform view).
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{3} 51 and 81 are referenced to individual rotor,
i .

e,
*h) = Incveased blade pitch in forward blade
azimuth guadrants.
*+B, = Increased blade pitch angle, retreating
side.

(4}  1s neasured as the number of degrees cyclic
control motion is introduced before the blade
reaches the respective axis, e.g.:

-A, with ['= 40 deg results 1n blade feathering at
o= 320 deg

b. Flight control system angie definitions are as
follows:
(1) Longitudinal cyclic: A _ f}U * AlL
. 17 2
. B - B
(2) Lateral cyclic: B _ 1U 1L
1 2
(3) Collective: o - ou * foL
o 2
(4) Differential longitudinal Ar = By - Mg
cyclic: 1 2
. . . B + B
(5) Differential lateral cyclic: g - 14 1L
1 2
(6) Differential collective: A = %u - %oL
(low speed yaw control) o 2
™ ; (7) Differential collective N _ eoU - aoL
- trim: t 2
c. rontrol equations for the rotor system are as follows:

. (1) Blade pitch on the upper rotor is
o, = [6, +£8,] - 1A *+ Aj) cos (v * ")
-(By + Byl sin (vy * )
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(i) Blade pitch on the lower rotor is

GL = [90 -zﬁeo} - [Al - Ai] cos (¢L + 1)
- lBl + Bil sin (v + 1)

Trim Systems

Longitudinal and lateral cyclic stick force trim is provided »
for both pilot and copilot vii magnetic brake devices in the
longitudinal and lateral cyclic control linkages. Differen-
tial trim controls are provided to investigate rotor 1lift
sharing and rotor moment distributions. Electric beeping is
provided for differential longitudinal (A!) and lateral (Bl)
cyclic and differential collective (A6 f‘ trim concrol. A
control box with individual beeper ~“switches and trim
indicators for each axis 1is mounted on the right side of the

azimuth at which cyclic pitch must be applied to produce a
specific moment output is different from the input azimuth
regquired for the articulated rotor. For the articulated
rotor, the cyclic input must be made 80 to 90 degrees in
advance of the point where a maximum rflapping is desired. For
an infinitely stiff rotor, the advance required is essentially
Zero. For the ABC rotor, the c¢y=lic pitch input must Fe
applied 30 to 40 degrees in advance o¢of the desired moment
output (Figure 12). The angle involved in this azimuth shift ,
is defined as the phase angle, ' , and is considered positive
when rotated opposite to the direction of rotor rotation. For
example, if a control system phasing angle of ' = 30° is ;
selected, then 1longitudinal stick will result in maximum

cyclic pitch inputs on the blades at rotor azimuths of 150°

cockpit center console. In-flight adjustable trim tabs are I
provided on one rudder and the elevator. Rudder and elevator %
alsc incorporate geared trim tabs with ground adjustable !
ratios of 0.5, 0.75%, and 1.0. g
Variable Cyclic Control Phase

i
Because of the high stiffness of the ABC rotor blade, the %

|

i

and 330°. Likewise, lateral stick input will produce maximum
cyclic pitch inputs at rotor azimuths of 60° and 240°. Figure
13 1illustrates this control system geometry. The optimum

value of I' is actually selected on the basis of several con-
siderations including rotor trim characteristics, rotor per-
formance, and interrotor moment magnitudes in unaccelerated .
and maneuvering flight.
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A LONGITUDINALSTICK INPUT PRODUCES A PURE PITCHING
MOMENT RESPONSE WHEN THE CORRESPONDING MA XIMUM CYCLIC
PITCH INPUT OCCURS AT THE AZIMUTH SHOWN BY THE ARROWS

A

PURE PITCH
MOMENT RESPONSE

_P— ¥ - 270°

PURE PITCH
MOMENT RESPONSE

AZIMUTH, ¥+ 0

Figure 12. Rotor System Response to
Cyclic Control Inputs.

The phase angle is controllable through a range of 0 toc 70
degrees through an analog swashplate in the stationary control
system (Figure 14). Analog swashplate position is controlled
by pilot and copilot beeper switches and a cockpit backup
mechanical crank.

Differential Collective Directional Control Washout

Differential collective directional control 1is washed out
between 40 and 80 knots and reintroduced when decelerating
from 80 to 40 knots. Pitot sensing of dynamic pressure (q) 1is
converted to an electrical signal that acts to linearly
couple/decouple the directional control pedals f.om the
differential collective linkage.

Elevator/Collective Coupling

In order to reduce or avoid rotor shaft damage during high
rates of descent the elevator was coupled to the collective
stick so that full down collective caused the elevator to
deflect 13.9 degrees trailing edge up. This reduced the air-
craft pitching moment that had to be balanced by the rotors.
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ABC ROTOR SYSTEM (T = 300{LLUSTRATED)

UPPER ROTOR

8130

/

e

270°

|

’

i
B30

§‘ /’ ¥ -go /,//;(

. A ROTOR

% 130 ROTATION

LOWER ROTOR 2130
L \ 180( ;5

Bi3g

90° b 1 270°
Al
Pt C\/ N

Bi3g
®
F-00
ROTOR

{ \ ROTATION Atag

e g o ey el i e

A 1S DEFINED AS THE CYCLIC PITCH THAT 1§
GENERATED BY THE LONGITUDINAL STICK

Bip 1S DEFINED AS THE CYCLICPITCH THAT 1S
GENERATED BY THE LATERAL STICK

Figure 13. Rotor Control System Definitions.
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Figure 14. Analog Swashplate.

The coupling was achieved mechanically by the use of a spring
strut inserted between the collective system at the direc-
tional mixer and the elevator quadrant located in the tub.
The spring strut detent was 43 pounds, which required a 15-
pound stick force to break-out in the event of a jam condi~
tion in the elevator system.

The control cable connected to a single-stage S-61 primary
servo adapted for installation in the tail cone of the air-
craft. The single-stage servo was connected to the first-
stage hydraulic system through a solenoid operated control
valve. The operating pressure was reduced to 1500 psi.

During flights with auxiliary propulsion, the elevator/collec-
tive coupling was disconnected and the elevator was flown in a
locked position.

Servos and Stationary Swashplates

Two sets of linkage components are employed to transfer
control motions from the stationary controls to rotating
controls for each rotor. Each set consists of three dual
hydraulic servos, stationary swashplates, bearings, sleeves,
and antidrive (scissors) links. The lower rotor swashplate is
mounted above the transmission. The upper rotor swashplate is
mounted beneath the transmission in axial alignment with the
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rotor mast. The six dual hydraulic servos are attached to the
transmission. The output shafts of the three lower rotor
servos extend upward to attachment points on the lower rotor
stationary swashplate. The output shafts of the three uppe:x
rotor servos extend downward to attachment points on the upper
rotor stationary swashplate. Two transfer networks comprised
of levers, pushrods, torsion tubes, and universal joints
(Figure 1l1) are employed to transfer collective/cyclic compos-
ite control motions from the collective mixers to input
levers on each dual hydraulic servo. The dual hydraulic
servos convert collective and cyclic control motion to sta-
tionary swashplate translation and tilt. The servos act in
series with the stationary linkage to reduce cockpit control
forces and to prevent control force feedback from rotor aero-
dynamic and vibratory loads.

Primary Servo Actuator

The hydrauli: primary servo is unconventional in design and
construction, the design philosophy being to mount the housing
rigidly on the gearbox. and thus eliminate flexible lines and
their associated failure modes.

Figure 15 shows a sectional view of the servo. Stages 1 and 2
are completely separated so that no crack propogation from one
unit to the other can occur. Two separate cyclinder housings
are bholted together and are provided with attachment flanges
for installation on the gearbox. The housings contain one
power cylinder and two fluid transfer cylinders. Pressure and
return ports are connected to the fluid transfer ports by
drilled passages.

The output piston of each stage is mounted on the valve
housing. Drilled passages in the piston rod connect the
piston head to the valve housing. Drilled passages in the two
transfer tubes, one for pressure and one for return, connect
the cylinder housing to the valve housing. The configuratior
is such that the valve housing, power piston rod, and transfe:
tubes move in unison. The valve housings are completely
separated, as are the cylinder housings.

The control valves are of jam-proof design and consist of two
spools, the inner spool being srring loaded relative to the
outer spool. In normal operation both spools move together
and distribute fluid through connected porting. In the event
that the normal, outer spool parts are jammed, the inner spool
moves against the spring force and distributes fluid through
the bypass ports, thus removing system pressure from the power
piston. The bypass porting is connected to a sensing unit
which activates a cockpit warning light.
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Figure 15. Schematic of Primary Sexrvo.

The separate adjustable valve operating arms are mounted on a
common shaft that is connected to the control system.

Servo Input Mechanism

The lever pushrod, torsion tube, and universal joint transfer
networks are special design features that permit the use of
vibration isolators for soft-mounting the transmission in the
airframe lateral axis. (The transmission is hard-mounted to
the airframe in the present configuration.) The transfer
networks orient linkage connections to the hydraulic servos so
that transmission lateral floating motion in future so“t-mount
configurations will not induce spurious flight control inputs.

Rotating Flight Controls

The rotating flight control linkages for each rotor consist of
a rotating swashplate, bearing, and sleeve; a drive 1link;
three pitch change rods; and trailing-edge pitch horns. The
rotating swashplates transfer c¢yclic tilt and collective
translation of the stationary swashplates to vertical motion
in the pitch change rods. The pitch change rod motion rotates
the blade pitch horns and feathers the rotor blades about
feather bearings in the blade sleeves. The rotating controls
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for the lower rotor are of conventional design and orienta-
tion. The swashplate assembly 1s mounted above the main
transmission and displaces externally mounted pitch change
rods connected to external pitch horns on the lower rotor
blades. The rotating controls for the upper rotor are
designed to route pitch change rods through the center of the
coaxlal rotor mast between the rotating swashplate oeneath the
main transmission to upper rotor blade pitch horns that are
enclosed within the upper mast.

STABILITY AUGMENTATION SYSTEM

Rate damping stability =zaugmentation is provided by the SAS in

the longitudinal and lateral control axes. Figures 16 and 17
are functional blocck diagrams of the pitch and roll SAS
channels, respectively. Dual, independent signal paths are

provided in each SAS channel. Each path independently senses
rate with a rate gyro and routes gyro signaiz tuarough filter
and shaping networks to a servo amplifier. At the input of
each amplifier, summers combine trim, gyro rate, hardcver
test, and derived feedback inputs. The output of each ampli-
fier is applied to an electric actuator which operates one-
half of the two-stage hydrauli¢ SAS servo. The output of each
servo stage represents a 5% conitrol authority for a total of
10% control authority in each axis. A cockpit hover indicator
is used to present SAS servo position for both halves of each
channel. Cockpit. control nanels are provided for SAS gain
adjustment and selecting or derelecting SAS channels.

AIRFRAME

The airframe is of conventional semimonocoque construgction.
The primary structure is 7075 aluminum alloy except for
magnesium cockpit skins, tail cone skins, and stabilizer
leading edges. The firewall decks are titanium.

The main transmission 1s mounted on four canted fittings
positioned radially about the gearbox. Their load 1lines
intersect at a common point on the gearbox centerline. Each
fitting is attached to the transmission via a sincle l-inch
bolt. Verticsl side and drag components are reacted as axial
loads in the bolts. Yaw moments are carried by bolt shear
forces.

The airframe suppcrt structure consists of two fore and aft
box beams, symmetrical about B.L., O, which extend between
bulkheads at F.S. 277.0 and F.S. 319.0. The upper web of the
beam is at W.L. 152.0 and extends from B.L. 19.7 to the fuse-
iage outer skin. The lower webhs are part of the fuel cell
deck at W.L. 132.0. The outer webs are formed by the fuselage
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side skins between W.[.. 132.0 and wW.L. 158.0, and the boxes
are closed by webs which are sloped vto pick up the trans-
mission attachment fittings. Four canted bulkheads inside the
box beams are also attached to the fittings and provide a
redundant load path for the gearbox loads.

The support structure 1s critical for crash conditions (20 G
fwd, 20 G down and 10 G side). Limit flight loads are ap-
proximately 38% of these and may be transferred through either
of the redundant patis.

The aircratt inboard profile is chown in Figure 18. Figure 19
shows the detail structural arrangement.

Conversion to the auxiliary propulsion configuration required
two major structural modifications. One was attachment of the
J-60 nacelles tc the aircraft, and is accomplished through two
major fittings at fuselage stations 264 and 277. Stabilizing
fittings are located at stations 251.1 and 380. Engine loads
are 1introduced to the aircraft structure through the main
fittings. Airframe structural reinforcements were incorpor-
ated at fuselage stations 255.5, 277 and 300.23 to accept
auxiliary engine flight loads (Figure Z0).

Sec-"1 was installation of a fitting adapter to decrease
horizontal tail incidence from +10 deg (trailing edge down) to
-5 deg (trailing edge up) ‘and assoclated modificatjon of the
tail fairing. In addition, external straps were installed on
the tail cone and tail cone/aft fuselage interface to accommo-
date the higher auxiliary propuision tail loads.

ALIGHTING GEAR SYSTEM

The ABC has a tricycle air/o01l retractable landing gear. The
gear is designed for 60 knots at 8 ft/sec at 9000 1lb gross
welight and 6 ft/sec at 11,100 1lb gross weight with 2/3 rotor
lift as per Specification MIL-S-869%8.

The main gear oleo has a full stroke of 10-in. and is designed
to never exceed 3000 psi during its working range. The meter-
ing pin and air volume configurations were determined during
drop test at Ozone Corp., Ozone Park, Long Island. Wheel and
tire size is 18 x 5.5.

The nose wheel 1s a dual wheel with a 10-in. stroke and a
mechanical trail of 2.40 in. The metering and air volume
configurations were also determined during drop test at Ozone.
The only desiyn difference between nose and main gear oleo 1is
that the piston head of the nose gear has a built-in centering
cam to center the wheels for landing ca2ar well clearance.
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The viscous shimmy damper was supplied by Houdaille to Sikor-
sky's specifications fer the XH-59A and is mounted at the
bottom 7 the cylinder and grounded to the wheels by a scis-
Sors.

The landing gear's normal retracting and extending system 1is
o hydraulic. This supply 1is provided <£from the first-stage
- system. If this system fails, an emeragency blow-down system
is available. The braking system is a self-contained hydrau-
lic system with master piston mounted on the pilot's pedals.

PROCPULSION SYSTEM
Lift Engines

The lift engine consists of a production model Pratt & wWhitney
PT6T-3 twin power section ("Twinpack") turboshaft power plant
with miror modifications for the XH-59A application. A
detailed description of the PT6T-3 power plant may be found in
Reference 2. The P2T6T-2 power plant is hard-mounted to the
XH-59A airframe aft of the mair transmission between STA 345
and STA 384 at W.L. 159 (Figure 18). The power plant's
integral combining gearbox combines the output of each power
section and provides an output to the main transmission at
6,600 rpm (100%). The PT6T-3 twin power section ratings are:
intermediate 1726 shp and maximum continuous 1452 shp.

The FT6T-3 production fuel controls and mechanical control
system have been modified to provide the lower power turbine
and ABC rotor system speeds required for high-speed flight in
the auxiliary propulsion mode, and to preclude the random
electrical control failures encountered during earlier testing
‘n the helicopter phase. The specific modifications incorpor-

1. ated are:
: a. The torque balancing unit is disabled.
b. The N_. governors are modified to provide maxi-
mum t%rque in a speed range 105% to 70%.
c. Independent pilot contrcl of governor

:h N

1s provided to compensate for 2 tor&ue splits
that will be enccuntered witl. k= large power
. turbine speed changes. The pilc ‘s beep con-
. trol has also been modified by tun= incorpora- ;

- tion o0f indspendent switches on the collective
stick that can be actuated simultaneously or
independently. Each switct drives one of the
electric actuators <for . speed control.
Collective bias is introduced simultaneously to
both Nf governors through a torque tube.

d. Switching relays in the beep system electrical
circuits were 1incorporated to preclude random
beep switch failures.

Specification No. 712B, T400-C®-400 ENGINE SPECIFICATION,
Pratt & Whitney of Canada, Ltd.
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Manual power turbine/rotor speed (N /Nr) control is provided
by dual speed control levers mountgd on the cockpit center
console. N, can be set to govern from 70% to 105% via linkage
to the modified fuel controls.

The PT6T-3 start system consists of starter/generators (one
mounted on each power section accessory case), individual
engine start buttons on the cockpit speed control levers,
microswitches in the speed contrecl lever quadrant, and inter-
connecting relays and wiring to activate fuel valves, ignition
circuits, and starters during each power section's start
cycle. Starter circuits are powered by 28 vdc from the start
bus (Figure 21) with ground electrical power applied, or
alternately by the 24v dc battery.

A fire detection system provides warning in the cockpit in the
event of fire in either of the PT6T-3 power section compart-
ments. The system consists of four radiation sensing flame
detectors - one in each hot section compartment and one in
each accessory section. An engine fire extinguishing system
is provided for each PT6T-3 power section accessory/hot sec-
tion compartment. The system consists of two charged con-
tainers of liquid dibromodifluoromethane (CF BRZ)’ discharge
nozzles, overboard discharge tubes, disch&}ge indicators,
pressure gauges, selector valves, and necessary controls. The
system provides a two-shot capability which may be directed
selectively to either power section or both shots may be
directed to a single power section.

Thrust Engines

The auxiliary propulsion thrust engine installation consists
of two Pratt and Wwhitney J60-P-3A turbojet engines side-
mounted in Rockwell International Sabreliner nacelles between
STA 264 and STA 277 and aligned with W.L. 145.5. Detailed
description of the J60-P-3A engine is contained in Reference
3. The only modification involved for installation on the
XH=-59A was a reduction in the "stub wing" area between nacelle
and fuselage. Each engine provides 3300 1lb static thrust at
sea level standard day conditions. Engine performance 1is
monitored in the cockpit with tachometers and Eagine P:essure
Ratio (EPR) gauges which indicate the ratio of total pressure
measured at turbine exhaust and compressor inlet face.

3. JT12 INSTALLATION HANDBOOK, Pratt and Whitney Ailircra‘t,
14 April 1966.
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The J-60 engine control system consists of two tandem twist
grips on both the pilot and copilot collective pitch sticks.
These grips independently control each engine gas generator.
The pilot's twist grips have a positive range selection of
stopcock to ground idle and ground idle to maximum power. The
copilot's twist grip operating ranges are limited to the
control range between ground idle and maximum power. A posi-
tive stop 1s provided between ranges, and detents hold the
extreme positions. The twist grip inputs are transmitted
coaxially from the top of the collective pitch stick to side-
by~side gear tracks at the base of the stick. Flexible push/
pull control cables are used to transmit the control inputs
individually to the fuel controls in each engine.

The normally furnished starter/generator 1is replaced by
hydraulic starters. Normal start power is furnished by the
No. 1 hydraulic system and normal starting sequence 1is to
start J-60 engines subsequent to PT6 start which makes full
hydraulic pressure available.

The 5-60 fire detection system provides warning in the cockpit
in the event of fire in either of the two J-60 engine nacelles.
The system consists of continuous wire temperature sensors
installed throughout the engine nacelles.

A fire extinguishing system provided for each engine nacelle
forward compartment consists of one charged container of
liquid dibromodifluoromethane (CFZBRz) discharge nozzle,

overboard discharge tube, discharge indicator, pressure gauge,
selector valve, and necessary controls. The system provides a
one~shot capability which may be directed to either engine
nacelle as required.

Fuel System

The fuel system is an open-vent type consisting of two tanks,
two system strainers, two sump drain valves, two in-line
booster pumps, check valves, an electrically operated cross-
feed wvalve, four electrically operated firewall shutoff
valves, two float switches, engine filters, fuel flow and fuel
quantity indicating systems, and the necessary plumbing lines
to convey fuel from the tanks to the engines. The pressure
refueling system consists of an adapter, two shutoff valves,
two high-level pilot valves, two low-level pilot valves, and
interconnecting plumbing. The +two fuel tanks consist of
neoprene bladder fuel cells tandem-oriented between station
277 and station 339 in the lower fuselage, each having a 122.5-
gallon capacity.
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HYDRAULIC SYSTEM

Two 3000 psi hydraulic power systems (first-stage servo plus
utility and second-stage servo) are installed. A schematic of
the hydraulic system is shown in Figure 22. The two system
reservoirs are of the "boot strap" pressurized type with air/
oil separation and develop a pump inlet pressure to 40 to 45
psi (absolute). The two hydraulic pumps are mounted on the
main transmission common with the rotor drive and are indepen-
dent of engine operation. Test connections on each power
system permit ground checking from an external power source.

The two flight control servo hydraulic systems are completely
isolated aud each supplies one stage of the six dual-stage
piston flight control servos. Three servos control the upper
rotor and three control the lower rotor. A single system
failure can be tolerated without loss of control power.
Electrical interlock circuitry prevents shutting off pressure
to one stage if the opposite stage is not pressurized and will
automatically reactivate the "OFF" stage 1f pressure becomes
low in the opposite stage. Pressure gauges on the instrument
panel display each system operating pressure and signals on
the Caution and Advisory Panel warn of low pressure in either
servo system.

The Stability Augmentation System (SAS) servo systems are also
isolated. Each servo system (pitch and roll) consists of two
independent servos to which hydraulic power is supplied for
each hydraulic system. Power to each servo is supplied
through a pilot-controlled ON/OFF switch and a pressure
reducer dropping the 3000 psi (absolute) system pressure to
the 1000 psi (absclute) SAS servo operating pressure.

The elevator servo is operated from the first-stage hydraulic
system upstream from the SAS servos. Power is supplied to the
serve through a pilot-controlled 4-way valve and pressure
reducer which drops the 3000 psi system pressure to the 1500
psi (absolute) servo operating pressure. A pressure switch,
located close to the servo, automatically closes <the 4-wev
valve if a pressure drop is sensed. (This servo was not used
during auxiliary propulsion testing.)

The first-stage utility system provides hydraulic power for
retraction and extension of the landing gear and J-60 engine
start. At reduced rotor speed, flow requirements exceed pump
capacity 1f the J-60 starters are energized. A priority valve
installed 1n the first stage precludes diversion of flow from
the primary flight control, SAS, and elevator servos in this
case. System design flow rates are listed in Table 4.
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1.
2.
3.
-4,
3.
6.
7.
8.
9.

Key

Pump (First Stage Utility)

Pump (Second Stage)
Reservoir

Filler Coupling
Bleeder Valve
Relief Valve

Check Valve (Reservoir Charge)

Check Valve
Filter

Test Connection {Return)

Check Valve

Test Connection {Pressure)

Manifoid

Pressure Transmitter

Pressure indicator
Restrictor
Pressure Switch
Servo Actuator
tngine Start Motor
Engine Start Valve
Flow Regulator
4-Way Valve

L.G. Emerg. Valve
Elec. Actuator

Gas Charge Valve
Gas Bottle

Gas Bottle Release
Flow Regulator
Flow Regulator
Relief Vatve
Shuttle Valve
Uplock Cyl.

Cyl.

Restrictor
Restrictor

Priority Valve
Master Brake Cyl.
Parking Brake Valve
Wheel & Brake Assy.
Check Yalve

Positioning Cylinder

Restrictor
Relief Valve
Relief Valve
Valve

Pressure Reducer
Check Valve
Pressure Switch

Figure 22.

Assy. Main Landing
Cyl. Assy. Nose Gear
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TABLE 4. HYDRAULIC SYSTEM DESIGN FLOW RATES.

Flow Rate
Subsystem (gal per min)

Flight control servos 1.53
SAS servos .1
Elevator servos .1
J-60 engine start 7.4
Maximum flow, 1lst stage 9.13

2nd stage 1.63
Pump capacity at 100% NR 12.0
Pump capacity at 70% NR 8.4

ELECTRICAL SYSTEM

The electrical system is powered by two 200A, 28v dc starter/
generators, each driven by a PT6T-3 power section accessory
case and a 22 ampere-hour, 24v dc nickel-cadmium (NICAD)
battery. A functional diagram of the electrical system is
presented in Figure 21. Both generators power the primary and
start dc buses. Two 400 Hz, 115v ac, 400v ac static inverters
supply ac power. The No. 1 inverter powers the primary ac bus
for normal cockpit instruments and ac powered avionics and
airframe components. The No. 2 inverter powers the flight
test instrumentation ac bus. Should one generator fail, the
primary dc bus 1is deenergized which drops both the No. 2
inverter (and flight test instrumentation ac bus) and the dc
flight test ir:trumentation bus. If both generators fail, the
battery supplies dc power for emergency operation selected
systems through the start bus.
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ANALYTIC DEVELOPMENT

A Sikorsky-sponsored program (Free Flight Normal Modes
Analysis) was initiated at the United Technology Research
Laboratories 1in 1965 to establish a dynamic analysis for use
in evaluating the ABC coaxial hingeless rotor configurations.
A distinguishing feature of an ABC-rotor~eguipped aircraft,
due to the high blade stiffness and rigid blade-to-~hub attach-
ment, 1s an inherent high degree of elastic and aerodynamic
coupling between the rotors, individual blades, and the
airframe. Rapid maneuvers made possible by the high available
control power substantially couple blade feathering with
elastic deformation through both wvariations in thrust loading
and gyroscopic precession. These complex couplings can
significantly alter the stability characteristics of the
system.

Therefore, the rotor system was simulated dynamically as an
integral part of the complete aircraft system, including the
individual blades, the 1individual rotors, interconnecting
structural impedences, interacting rotor inflows, interacting
rotor/airframe aerodyanmics, and the usual six degrees of
freedom of a free-flying airframe. The initial analysis
development was completed in 1970 and was used to develop data
for the basic report.

This analysis contained means of modelling all of the above
effects to some degree, in addition to a sophisticated trim
routine which allowed the simulated aircraft to be trimmed in
any feasible flight conditicn. Subsequent development of the
analysis has been largely concerned with modifying the for-
mulation of the time-varying aerodynamic interactions as data
from model test became available and revising the computer
code to decrease the computer time reguired to calculate a
simulated flight condition.

Two major modifications to the analysis were implemented
following the acquisition of a substantial data base from wingd
tunnel tests of a 1/5 (0.1944) scale Froude model. Attempts
to ccrrelate the analysis with model test data using model
parmeters and low Reynold's Mach number airfoil data demon-~
strated some sigrificant shortcomings in the analysis. Most
noteworthy were the underprediction of longitudinal cyclic
required for trim at transition speeds and substantially lower
values predicted for the speed (Mu) and angle-of-attack (M)
stability derivatives than measured in test.

The first modification involved the method by which inter
rotor interference was modelled. The original model assumed
that for each rotor the inflow contributions from the other
rotor were uniformly effective over Lhe rotor disc but reduced




g~ (or augmented) by inflow interference factors. The inter-

' ference factors were progressively reduced with advanced ratio

by a reinforcement factor that was a function of the ratic of

the effective momentum disc area to the actual disc area.

This reinforcement factor was unity at hover and zero when the

two trailing cylindrical wakes cleared each other. The modi-

fication consisted of determining an induced flow distribution

based on Castles and Deleeuv (Reference 4) and reinforcing the

induced velocity of each rotor only on the portion of its disk

where the wake of the other rotor actually impinges. In

-1 addition, wake contraction factors were added as a ratio of

; the diameter of the impinging wake at the rotor plane of

impingement to the diameter of the rotor generating the wake.

The upper on lower factor is generally less than unity, while

the lower ~n upper is generally greater than unity. Contrac-

tion factc.s are consistent with interference factors through

the conservation of wake momentum. This modification was

found to reduce the longitudinal trim control position error
at transition speed by approximately 5C percent.

The first harmonic cosine distribution of self-induced inflow
as a function of advance ratio was formulated as suggested by
Glauert (Reference 5) and took the form

V = Vo + Kv: Vo cos ¢

The coefficient (Kv) was suggested by Payne (Reference 6) to
be approximated by

Kv = 4u /(3.6lAl+ 3p)

‘i 4. Castles, w., Jr., and Deleeuv, J.H., THE NCRMAL

T COMPONENTS OF THE INDUCED VELOCITY IN THE VICINITY OF A
LIFTING ROTOR AND SOME EXAMPLES OF ITS APPLICATION, NACA
TN-2912, 1954.

5. Glauert, H., A GENERAL THEORY OF THE AUTOGYRO, RAE R&M
1111, 1926.

ot e e et o e i+ -

6. Payne, P.R., HELICOPTER DYNAMICS AND AERODYNAMICS, Pitman
and Sons, London, 1959.
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This approximation for Kv approaches 1.333 as advance ratio
approaches infinity. Reasoning that the above approximation
by Payne was based on experience with lightly loaded articu-
lated rotors, it seems possible that it might be an inadequate
representation for the stiff, highly loaded, hingeless ABC
rotor. Model test data for single upper rotor, single lower
rotor, dual rctors with single rotor control inputs and dual
rotors with dual rotor control inputs were used to develop a
Glauvert inflow function of the same form as that suggested by
Payne but with an increased sensitivity to advance ratio
approaching 4.65 as advance ratio approaches infinity. The
updated term provides total rotor and individual roter corre-
lation with model test and takes the form

Kv = 4.8 /(3.6/A1+1.03 ¢ )

The effect of this modification on the induced velocity ratios
at the forward and rear tips of the rotor is shown in Figure
23. The effect of both of the above discussed inflow modifi-
cations is shown in Figure 24 as they alter the prediction of
longitudinal cyclic control required at low forward speeds.

Additional development activities on the ABC analysis have
been extensive but do not directly influence the output data
as those discussed above. The extensive complex computations
and table look-ups resulted in signficant computer processing
time (and therefore excessive computational costs). An effort
was undertaken, and continues, to optimize the computational
flow and modify data look~up routines with the goal of re-
ducing analytic cost. Improvements to data have reduced the
cost of producing analytic data by approximately 50 percent
without sacrificing complexity or accuracy of the resulting
predictions.

In addition, a rather extensive SAS feedback capability was
added to the analysis. Loop closure of attitude, rate, lagged
rate and acceleration are available with feedback time con-
stants for simulating lags resulting from a combination f
sensors, signal derivations and servo dynamics. This provides
the ability to evaluate SAS-ON/ON, SAS-ON/OFF and SAS-OFF/OQfrF
stability as well as transients following single or dual
channel simulated hardover failures.

A rather simple model of the effects of auxiliary propulsion
on trim has been included, as have various forms of control
couplings, detailed modeling of blade prelag, tip path plane
separation, and control pushrod steady and vibratory loads.
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LABORATORY AND GROUND TESTS

WIND TUNNEL TESTS

Extensive wind tunnel tests were conducted during the develop-
ment of the ABC helicopter. Two different models were tested
in four different facilities. These included a mahogany 1/10
scale fuselage model tested in the United Technology Research
Laboratories (UTRL) pilot wind tunnel and a 1/5 Froude scale
model with powered rotors tested on the Princeton dynamic
model track, in the UTRL main wind tunnel, and in the NASA/
Langley V/STOL wind tunnel.

1,10 Scale Teszts

The 1/10 scale model tests were conducted in the UTRL 4 X 6
foot pilot tunnel during the period 31 January to 30 May 197Zz.
The mahogany model was mounted on a pylon attached to a six-

component balance located below the test section. Model
buildup provisions included seven tail configurations, various
J-60 nacelle installations, pressure taps, and tufts. Test

objectives were to select the optimum tail configuration fo.
stability and control, locate the J-60 nacelles for minimum
drag, determine pressure distributions on the fuselage for
structural design, and provide force and moment aerodynamic
data for analytical simulation. In addition, the flow field
along the fuselage and in the wvicinity of the empennage was
evaluated by means of tufts and a pressure rake. A coaxial
model rotor was mounted on a track support above the tunnel
cei!ing which was independent of the mocdel and balance. Smoke
studies were conducted with the rotor installed for a gualti-
tative evaluation of rotor wake impingement on the tail.

The results of the smoke, pressure rake, and static stabilaity
tests clearly 1indicated that the best talil cenfiguration was
the twin-tail "H" arrangement. The effects of the retor head
and fuselage wakes are minimized such that tail effectiveness
is malntained over a large range 0f angle of attack and side-
slip. Adding positive dihedral to the horizontal stabilizer
and lowering the vertical +tail increased angle of attack
stability by 25 percent and improved rudder control power at
positive angles of attack.

The tufts along the fuselage indicated turbulence around the

basic PT-6 inlet and interference between the inlet and the

J-60 1installation. As a result, the entire PT-6 inlet and -
cowling ar=a were redesigned. Various J-60 nacelle locations

and fairings were also evaluated. Minimum drag was achieved

with the nacelles at buttline 52 with a fillet between the
fuselage and the nacelles. These results were applied to the

final design of the XH-59A flight vehicle.
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1/5 Froude Scale Model Tests

A 1/5 (0.1344) Froude scaled dynamically similar model was
tested on the Princeton dynamic model track facility, in the
UTRL lB-foot-section subsonic main tunnel and in the 21- X
l4-foot~-section NASA/Langley V/STOL tunnel. Tests were con-
ducted in five phases to investigate the performance, handling
qualities, control, and vibration characteristics over the
pure helicopter and auxiliary propulsion flight envelopes.
Tests in hover and low-speed flight to a simulated 40-knot
full-scale speed were conducted in Phase 0 on the Princeton
dynamic model tract (Reference 7). Forward flight tests to a
simulated 80-knot speed were conducted in Phase I in the UTRL
main wind tunnel.

The test speed range was extended to a simulated 100-knots and
40~knot sideward and rearward flight in the UTRL main wind
tunnel during Phase 1I. The test speed range was increased
further to a simulated 170 knots in Phase III in the UTRL main
tunnel. This test also included single rotor tests, control
frequency sweeps, and damping tests which completed the pure
helicopter tests. The model was configured with the J-60
nacelles for the auxiliary propulsion configuration tests
conducted in Phase IV 1in the NASA/Langley V/STOL tunnel.
Testing included static trim with jets shut down, at ground
idle, and at trim thrust as well as trim sensitivity tests
with variations in rotor speed, angle of attack, and horizon-
tal tail incidence.

Phase 0 Tests:

A 1/5 (0.1%44) scale Froude model of an early ABC helicopter
design was constructed at Forrestal Research Center, Princeton
University and tested on the Princeton dynamic model track
with independent research and development funds. The model
was subsequently fitted with the "H" tail configuration se-

lected in the 1/10 scale tests. It was mounted on the fa-
cility as shown in Figure 25. Test speed range was 0 to 40
knots simulated full scale. This range was of particular

interest because rotor-induced velocity is large relative to
forward speed so that mutual interference between the rotors
and rotor downwash effects on the airframe are substantial.
The long track facility with its large enclosure and good
speed control was considered ideal for this speed range.

7. Curtiss, H.C., et al, AN EXPERIMENTAL INVESTIGATION OF
THE LOW SPEED TRIM AND STABILITY CHARACTERISTICS OF A
COAXIAL HELICOPTER WITH HINGELESS ROTOR ON THE PRINCETON
DYNAMIC MODEL TRACK, Princeton University, TRN 1196,
September 1974.
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Forces and moments acting on the model were measured as a
function of ccntrol position and flight condition with primary
attention directed toward those parameters pertinent to static

trim and stability and control derivatives. The model was
also mounted on a gimbal which allowed freedom in the three
rotational degrees of freedomn. Damping derivatives were

determined by freeing selected degrees of freedom and
recording the model o¢scillations 1in response to an initial
offset from trim.

The single most significant static test result was that the
model was not trimmable 1in pitch at a 0.05 advance ratio, 20
knots full scale, with a 70-~degree control phase angle (')
setting (Figure 26). The model cyclic control limit and the
aircraft projected control 1limit, as establisned by control
system clearance, are shown for reference. Note that neither
the model nor :he flight vehicle can be trimmed with a 70-
degree control phase angle in low-speed flight. This is
another implication of the inflow variation over the rotor
discussed earlier. The aircraft control phase angle is main-
tained 1in the 20- to 40-degree range in low-speed flight.
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Figure 26. Longitudinal Control Versus Control
Phase Angle Characteristic.
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Phase I Tests:

At the inception of Phase I testing in the UTRL 1l8-foot-sec-
tion main tunnel, pressure surveys across the test section,
flow visualization with smoke, and test section wall tufts
demonstrated that the flow quality was adequate for acquisi-
tion of meaningful data down to 8.5 knots tunnel speed (20
knots simulated full-scale airspeed).

The method of testing was unigue in that the model was vir-
tually flown to a desired test condition. This test procedure
was possible because of a special model mounting arrangement.
Instead of the conventional mounting to the tunpnel balance
system, the rotor s;stem, control system motor, and fiber-
glass/epoxy fuselage were mounted through a structural member
directly to a TASK six-compon2nt strain gage balance system
(Figure 27). The TASK balance thus supported the entire model
in the tunnel. Task balance data were processed on-line by an
integral computer program and displayed to the operator as
forces and moments at and about a selected resolving center
(normally the center-cf-gravity location). Blade feathering
of both rotors was operated controllable through an analog
computer model of the flight control system. Fuselage atti-
tude was independently controllable by the operator through
the tunnel strut system. The operator either nulled all
forces and moment values to simulate trimmed flight or
szlected particular force and moment values to simulate quasi=-
accelerating flight conditicns. Stability and control deri-
vatives were obtained by fixing all trim parameters and chang-
ing each appropriate state or control variable in turn.

Level flight controllability tests were conducted in Phase I
for forward flight speeds up tc 80 knots simulated full-scale
airspeed, control phase angles (r) from ¢ to 40 degrees, and
rotor speeds from 88 to 100% N_. At 88% N, and with a I' of 40
degrees, longitudinal cyclic réﬁuired for %rim was excesslive.
Evaluation of the data showed that blade stall occurred on the
retreating side of each rotor. The model blades had 10 per-
cent less solidity than the full-scale aircraft; thus, tests
at the equivalent full-scale disc loading resulted in a high
blade 1loading on the model. Reducing model thrust b: 16
percent to simulate equal blade loading eliminated blade stall
and reduced longitudiral cyclic pitch required for trim <o
nominal values. No blade stall w~as apparent on the model at
100 percent rotor speed, even for the l0-percent higher blade
loading.
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In low-speed flight, the center of lift on each rotor was
controllable fore and aft as well as laterally. At a given
advance ratio, an increase in control plase angle or a posi-
tive differential lateral cyclic pitch input moved the center
of lift laterally toward the retreating side of each rotor.
Although the fores/aft position of the center of the 1lift of
each rotor is collectively a function of the trim pitching
moment, it can be varied differentially between the rotors by
introducing differential longitudinal cyclic pitch. In this
way sharing of the trim pitching moment reguirement is varied
between the rotors. The control laws of the ABC rotor system
that provide the ability to not only control 1lift offset
laterally and longitudinally but also to control the thrust
sharing between the rotors are presented in Figure 28.

Phase 11 Tests:

This model test phase extended the speed range to a simulated
100 knots full scale, verified conclusions drawn from the
Phase I test, evaluated static stability characteristics and
man zuver control margins, and provided smoke flow-visualiza-
ticn data.

Test data confirmed that control phase angle (I') is an effec-
tive parameter for contrelling lateral 1ift offset. Figure 29
demonstrates the degree of lift offset control available with T
at a fixed airspeed and the migration of offset toward the
advancing side with airspeed. Although data for the lower
rotor is shown, the upper rotor has the same offset percent-
ages for total system roll balance. This lateral 1lift offset
control is the essence of the ABC concept. It allows optimum
use of the higher dwvnamic pressure on the advancing side of
each rotor. Excessive 1lift offsets result in excessive bhlade
. root stresses and vibration and low blade tip clearances.
' Small lift offsets result in less than optimum 1lift to drag
ratios due to requiring too much lift from the 15w dynamic
pressure high-drag retreating side.

Tests ot nose-up and nose-down attitudes verified the maneuver
capability of the ABC (Figure 30). Sufficient longitudinal
cyclic margin was demonstrated for flare and acceleration
maneuvers in excess of 1.5g load factors. Adequate controll-
ability was also demonstrated for trims and flares in rearward
and sideward flight.

The ABC model exhibited low-speed stability characteristics
typical of a high disc-loading rigid rotor VTOL ailrcraft.
These are a strong instability with angle of attack alcom-
panied by a strong speed stability. At speeds simulating 50
knots full scale, the horizontal tail became effective enough
to counter the rotor stability characteristics.
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Smoke flow-visualization was utilized to obtain gqualitative
information on the rctor flow field and its effect on the
horizontal tail and interrotor interference (Figure 31). Most
noticeable is the strong upwash of the wake at the leading
edge of the disc, the downwash skew angle at the rear of the
disc, and the early wake roll-up as 1t moves aft. The latter
indicates the presence o¢f strong cross-flow and downwash
velocity components over the rear of the rotor disc. The
strong pitch-up tendency of the aircraft in low-speed flight
is attributed to the fore and aft downwash velocity distribu-
tion. This 1s the cause of the peak in forward longitudinal
cyclic pitch which occurs in the 25~ to 50-knot full-scale
airspeed range.

Phase II1 Tests:

Forward speed range was extended further to 170 Kknots, T
changes were evaluated up to a value of 70 degrees, and tail
incidence and rotor speed weve varied during this test. In
addition to forward flight, tests were conducted in sideslip,
climb and descent, and single rotor operation. These tests,
as well as runs for static =:tability and damping derivatives,
provided data to subsutantiate the aerodynamic characteristics
of the ABC in the helicopter mnde. The test resuits indicated
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that in a given trim condition, the location of each rotor
lift center is influenced primarily by tail incidence and I’

I proportions the azimuthal blade feathering into longitudinal
and lateral components. Tall incidence, on the other hand,
determines the pitching moment required from the rotors for
trim. Thus, in trimmed flight, T primarily affects the
lateral position of the lift center and tail incidence affects
the longitudinal position as shown in Figure 32. In cruise
flight, 120 knots full scale, T is more effective than tail
incidence in controlling the total rctor hub moment (vector
sum of pitch and roll moments) and, hence, blade structural
loads. The test data 1in Figure 32, then, suggest that a
programmed increase of I with forward speed can locate the
rotor lift center to contrel L/D, tip path plane clearance,
and blade stresses. Model power and stability were relatively
insensitive to I' so that adjustments of I' in flight =should

require little or no increase in pilot workload. It could,
however, decrease the low speed adverse stick gradients
(Figqure 33). Also shown in Figure 33 is the consistency of

data between the four test phases even though two totally
different typres of test facility were used.

The model was tested to angles of attack that simulated rates
of descent that were significantly higher than those associ-
ated with autorotation, and no structural, stall, blade clear-
ance, control or vibration problems were enccuntered. Auto-
rotative sink speeds were verified to be 2500 fom at 80 knots
full scale and 3500 fpm at 120 knots full scale. The data
also verified that the design collective range for the air-
craft was adeguate for autorotation entry up to 160 knots full
scale airspeed.

The stability derivative tecst data confirmed the analytical
predicted values. Longitudinal contrel power, pitch coupling
with collective, and pitch damping all tended to increase with
airspeed. In the lateral directional mode, the test data
confirmed that both weathercock and dihedral stability should
be good throughcut the cruise speed range.

Single rotor operation and dual ‘-otor with individual rovor
control inputs were tested to provide data for an evaluaticn
~f mutual interference betwean the upper and lower rotors tu
support design analyses. The test data verified that mutual
interference and airspeed dependent wake dJdistortion effects
are significant at low airspeed but diminish with increasing
forward speed. Also, the lower rotor, operating in the down-
wash field rf the upper rotor, was less effective in producing
moments than the upper rotor.
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Phase TV NAsSA/Langley Tests:

The 1/5 (0.1944) scale Froude model was tested in the
NASA/Langley 21- x l4-foot V/STOL wind tunnel in 1977. Tests
of the pure helicopter, nacelles off, validated data con-
tinuity with the previous UTRL main tunnel tests. Tests of
the pure helicopter, nacelles on, establiished a flight
envelope with J-60 propulsive jets shut down. An envelope to
120 knots was verified (Figure 24). The major tests, however,
emphasized the auxiliary propulsion configuration with propul-
sive force provided by the J-60 jets. These were simulated on
the model by NASA~supplied compressed-air ejectors.

The tests were planned to evaluate the complete auxiliary
propulsion speed envelope up to the 325-knot dive speed. Data
were obtained for trim at 120, 150, and 200 knots simulated
full-scale speeds and trim surveys at 150 and 200 knots.
Problems were encountered with the model blades during tests
at higher airspeeds.

A set of rotor blades was destroyed by blade tip contact while
trying to trim at 250 knots with 70 percent rotor speed. It
was subsequently determined that inadequate control of the
rotor 1lift center was the basic cause of the blade tip con-
tact. A new set of blades was installed and trim at 250 knots

100% ROTOR SPEED
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Figure 34. Helicopter Trim (Nacelles On).
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was attained. However, before recording the trim data, a
cyclic impulse was applied to evaluate blade edgewise damping.
A malfunction in the control console resulted in approximately
6 degrees of cyclic impulse being applied, which destroyed the
second set of blades. As a result, no trim data were obtained
for the 250-knot condition and auxiliary propulsion testing
was terminated. A third set of blades that had accumulated
many hours of use in prior UTRL test phases was inscalled on
the model and hover tests were conducted expressly for NASA
(Reference 8).

A sample of auxiliary propulsion trim data at 100 percent
rotor speed and 40 degree control phase angle is presented in

Figure 35. Also shown are ABC normal modes analysis predic-
tions which show reasonably good correlation with the test £
data. The analytic data were obtained by specifylng test ?

airspeed and collective control. The computer trim algorithm .
calculated the corresponding attitude, longitudinal control, i
auxiliary thrust, etc., required for trim.

Trim surveys involved retrimming the model with successive

variations in rotor speed, stabilicer incidence, and angle of
attack about level flight trim at 150 and 200 knots. Rotor
speed was not varied at the 150-knot condition. Attitude,

collective, and 1longitudinal cyclic requirements resulting
from these tests are presented in Figures 36, 37 and 38. The

test data indicate that at 200 knots full scale, reductions in
rotor speed will be accompanied by an increase in pitch atti-

tude (Figure 36). This positions the rotors in an orientation
that approaches autorotation. As a result, collective pitch
and, correspondingly, longitudinal cyclic for trim are reduced.
At both 150 and 200 knots full scale, an increase in angle of
attack also reduces collective and longitudinal cyclic control ;
requirements for the same reason (Figure 37). An increase §
(less negative) in horizontal tail incidence at constant pitch

attitude produces the same downtrend for collective and cyclao

pitch, but fcor a different reason (Figure 38). When hori-

zontal tail incidence 1is changed to a less-negative setting

its down-i0ad and nose-up pitching moment contributions are

decreased. Rotor lift and nose-down moment reguired for trim

are correspondingly reduced. This results in a reduction of

trim collective and cylic pitch. 1f collective pitch wece

leld constant, an increase in tail incidence would regquire a

lower pitch attitude to balance the 1ift and moment change.

i
H
|

8. Phelps, A.E., and Mineck, R.E., AERODYNAMIC CHARACTERISTICS
OF A COUNTER~ROTATING, COAXIAL, HINGELESS ROTOR HELICOPTEK
MODEL, NASA TN-78705, May 1978.
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FATIGUE TESTS

Fatigue testing was conducted to demonstrate the structural
adequacy for flight testing of the XH-59A technclogy demon-
strator aircraft. Since the aircraft was a one of a kind
demonstrator, fatigue testing was limitea primarily to com-
ponents whese design varied substantially from normal produc-
tion design and fabrication techniques. With one exception,
fatigue testing was limited to one specimen. With the excep-
tion of the items discussed hevreli, the endurance and abort
limits for components were based on analytical limits backed
up by data obtained from testing similar components from other
aircraft. In additiocn to the fatigue tests, the dynamic
components were subjected toc a minimum of 200 hours of testing
on a propulsion system test bed (FSTB).

Upper Reotor Hub Photcelastic Stress Survey

The purpose of these tests was to 1nvestigate stress distri-
bution in the XH-59A upper main rotor, providing verification
of design analysis and establishing locations of critical
strain gage instrumentation for both the subsequent propulsion
system test bed and aircraft testing.

This cffort consisted of a series of tests conducted on two
half-scale nlastic models of the XH-59A upper rotor hub and
sleeve assembly. Photoelastic and electrical resistance
strain measurement technigues were used to investigate stress
distribution and to expose potentially critical areas.

An aluminum filled epoxy model was subjected to a range of
steady and vibratory load conditions. A portion of the hub
was coated with birefringent plastic and examined using a
reflection polariscope tc reveal areas of high stress. Strain
gage measurements were then made which previde a basis for
calculating steady and vibratory stress under any combination
of flight loads.

A second model, made from a birefringent plastic, was sub-
jected tc 2 selected load condition, and a techniique Known as
3-D stress freezing was used to locik 1in the resulting strains
in such a way that the model coull be sliced and stresses
measured 1n normally inaccessible areas of the hub.

Correlation between the two technigues was very good and
provides confidence that data measu:ed by only one of the
techniques was wvalid.

In order to statically simulate the complex loading experi-

enced by the rotor, a simpic frame was coastructed for testing

the aluminum filied epoxy model. KRepresentative biade moment
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conditions were simulated in conjunction with a steady centri-
fugal load by applying suitable combinations of load at each
arm. A 1/3 segment of the hub was ccated with birefringent
plastic using established photoelastic coating procedures and
examined under a reflection polariscope. Although limited in
scope, this technique gave a clear indication of stress con-
centrations and areas of high stress. This data was used to
select locations and orientation of instrumentation strain
gages. The hub loading conditions were repeated with the
strain gages installed, and the high readers were then used on
the propulsion system test bed to monitor the structural
integrity of the upper rotor head during testing. The final
flight aircraft strain gage locations were selected from the
high readers obtained during the propulsion system test bed
program.

The 3-D stress freeze model was 1installed in a simple loading
fixture, simulated loading conditions were applied, and the
entire fixture was placed in a large oven and subjected tc the
required stress freeze temperature cycle. On removal from the
oven, the model was disassembled and sliced for analysis. The
results of this testing indicated some concern for potential
fretting in the area of the blade sleeve attachment bolt.
This was subsequently evaluated during the propulsion system
test bed phase.

Lower Roter Hub/Blade Interface Fatigue Test

The 1lcwer rotor bhlade sleeve/hub attachment assembly was
subjected to a test program which included static, dynamic and
fatigque testing to demonstrate structural adequacy of the
assembly for flight testing of the XH-59A technolcogy demon-
strator aircraft.

Static bending tests were performed with and without centri-
fugal load to determine the stiffness of the hub/blade inter-
face attachment. The results of these tests determined suf-
ficient stiffness to avoid rotor dynamic problems.

A static stress survey was performed in conjunction with the
stiffness tests to determine stress distributions in the
hub/blade interface attachment. The tests were conducted as
separate flatwise and edgewise tests with and without centri-
fugal loading.

A dynamic stress survey was performed with and without cen-
trifugal loading using the data obtained during the static

stress survey as a gulide. Unlike the static tests, however,
this test was conducted with representative combined flatwise
and edgewlse loadings. The Lests were conducted to determine

the dynamic s*tress distribution of the hub,/sleeve interface
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area and to define critical strain gage locations for subse-
quent propulsion system test bed and flight aircraft testing.

Upper Rotor Control System Fatigue Test

A fatigue test of the upper rotor control system between the
primary servos and the blade control horns was conducted to
demonstrate structural adequacy of the assembly for flight
testing of the XH-59A technology demonstrator aircraft.

The control system for the upper rotor 1is a unigque design
which incorporates servos, stationary and rotating swash-
plates, walking beams, pitch control rods, and pitch control
horns. The control inputs are transferred from the servos to
the stationary and rotating swashplate assemblies attached at
the base of the main rotor gearbex housing. Walking beam
assemblies attach to the rotating swashplate and trarsfer
loads to the pitch control rods, which pass up through the
center of the upper rotor shaft and attach to the blade pitch
control horns inside at the top of the upper rotor hub/shaft.

Fatique testing was used to expose the weakest 1link in the
system and to establish critical structural parameters to be
monitored during subsequent flight testing.

Testing was conducted in a specially designed test facility
which included a rotor transmission housing, an entire upper
rotor control system, and a dummy upper rotor hub/shaft and
blade sleeve assembly.

Two channels of the control system (control horn, pitch con-
trol rod, walking bpeam, and rotating swashplate arm) were
loaded by servo-controlled hydraulic cylinders which attached
to the outboard end of the stub blade sections. The third
channel was used to raintain positoning and orientation of the
control system. Applied loadings were reacted through the
contrecl system to the three aircraft servos (from A/C 21941)
mounted to the gearbox housing.

Load distributions throughout the system were achieved by
positioning the staticnary and rotating portions of the
system. Phasing of the two loaded channels was also varied so
that desired 1load magnitudes and distributions could be
achieved.

Fatigue testing was accomplished at load levels that provided
testing in a reasonabie amount of time.

in addition to the total system fatigue test, additional bench
fatigue tests were conducted on components which were not
highly lcaded during the total system testing.

——



Stabilizer Lug Fatique Test

One additional fatigue test was conducted based on results
from the auxiliary propulsion phase of flight testing.

The stabilizer incidence angle was changed from +10 degrees to
-5 degrees when the aircraft was reconfigured from the pure
helicopter to the auxiliary propulsion configuration. The
change was accomplished by installation of an additional
fitting between the aft stabilizer mounting lugs and the
mating fuselage lugs, making that part of the installation a
pin-pin attachment as opposed to the previous fixed attachment
point. This modification resulted in a change in the lioading
characteristics at the forward stabilizer/fuselage lug attach-
ment point. The resultant critical forward lug stress ulti-
mately exceeded the analytical endurance limits.

A fatigue test was conducted on two lug specimens to determine
limits based on test rather than on analysis. The data obtain-
ed from the lug fatigue testing ultimately raised the limits
only slightly. Subsequently, the mean curve, based on test
results, was used as a steady state trim flight endurance
limit while cycle counting cumulative damage against the test
defined 3¢ endurance limits. The forward stabilizer lug
retirement time was set at 25% of the calculated life.

PROPULSION SYSTEM TEST BED

The propulsion system test bed is a means of verifying (prior

to flight test! the airworthiness of the integrated propulsion

system. In addition, it represents the first area in which

system problems are expected to be uncovered and thus consti-

; ] tutes a tool to effect significant design improvements as

- requirad. This approach to testing is carried out by mounting

the aircraft propulsion system (and controls) in the same

manner as the aircraft and subjecting the whole system and as

many of the components as possible to a spectrum of loading

similar to but accelerated over that anticipated for the

flight aircraft. As in all ground tests, certain inherent

limitations are found. The principal 1limitation is that

forward flight is not within the range of test bed operations.

In order to develop the loads (and motions) in dynamic com-

ponents in excess of those that would be encountered in

forward flight, a head mcment spectrum (and associated power
spectrum) is applied.

The "-59A propulsion system test bed was constructed of
structurai steel and configured tc¢ accept the required air-
craft components as well as provide an abundance of permanent
work platforms for component accessibility. A hydraulic crane
was provided for installation and removal of components. A
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275-gallon fuel tank w2s mounted on supports adjacent to the
facility and at the same aircraft waterline with respect to
the engines to better simulate the aircraft fuel system. The
275-gallon fuel tank was, 1in turn, supplied with fuel from a
separate 5000-gallon fuel tank which supplied sufficient fuel
for long term endurance testing.

The propulsion system test bed configuration is presented in
Figure 39.

In additon to the test bed, the facility contained a separate
contrel room. This facility was configured with a controi
center from which all test bed operations were conducted. The
center contained three separate adjacent test consoles. The
center console was counfigured for cperation and monitoring of
the powerplant and transmissiocn system. The left console was
configured for operation of the rotor controls. It contained
displays for individual as well as total roior pitch and roll
moments as well as individual and total longitudinal and
lateral control positions for the stationary control system.
The right conscle provided on-line data monitoring from
information provided by the data instrumentation system. In
addition to the three monitoring consoles, a complete separate
data recording system was provided. The propulsion system
test bed control center is presented in Figure 40.

The propulsion system test bed program consisted of a series
of tests chronologically structured to demonstrate satisfac-
tory operation of the test bed and associated aircraft hard-
ware. The final result of this series of tests was the com-
pletion of the required 200 hours of endurance testing.

A powerplant to transmission drive shaft natural frequency
test was conducted with the rotor blades removed. The test
was conducted by powering the transmission to 115 percent
normal rotor operating speed with the powerplant to demon~
strate the lack of critical shaft speed problems. ©No critical
shaft speeds were found.

The test bed was configured with test clubs installed in place
of the rotor blades to establish satisfactory transmission
gear patterns and to conduct transmission run 1n. The test
=lubs were designed to absorb power as a function of rotor
speed and are shown instalied on the aircraft in Figure 41.
The only problem encountered during this test was a requlire-
ment to conduct a minor transmission 1lnput pilnion gear tooth
regrind. This regrind was duplicated on the aircraft trans-
mission.

Aircraft fire detection and extinguisher system tests were
conducted to demonstrate proper operation.
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The entire facility fuel system, including the associated
aircraft fuel system components, was tested for operation
suitability.

The entire facility hydraulic system, 3i- luding the associated
aircraft flight control hydraulic sy: .:m, was proof pressure
tested to 4500 psi (1.5 times normal operating pressure).

The aircraft flight control system components between the
rotor control servos and the blade horns were subjected to
system proof, operation and spring rate tests to demonstrate
airworthiness for both the test bed and the flight aircraft.

Powerplant functional and cooling tests were conducted to
demonstrate airworthiness for both the test bed and the flight
aircraft.

A powerplant transmission vibration survey was conducted to
demonstrate airworthiness with the associated aircraft com-
ponents installed on the test bed.

Rotor stress and motion plus rotor aeromechanical stability
testing was conducted to determine loads and stresses in
dynamic components for various test conditions as well as to
demonstrate the absence of any rotor aeromechanical instabil-
ity. Additional information obtained from these tests pro-
vided master strain gage measurement locations for both the
test bed and the flight aircraft and established the test bed
structural operating limits.

The final effort on the propulsion system test bed was the
conduct of a series of four 50-hour endurance tests to demon-
strate operational adequacy, structural integrity and airi-
worthiness of the XH-59A propulsion and rotor systems. Each
50-hour segment was broken into five 10-hour spectrums of
horsepower, rotor speed and rotor moments per Table 5. At the
conclusion of each 50-hour segment all! dynamic components,
including the transmission and rotor blades, were disassembled
and subjected to a thorough examination. All of the aforemen-
tioned tests plus the first 50-hour endurance segment and
associated dynamic component teardown and examination were
conducted prior to first flight of the aircraft. Subsequent
tests were conducted to maintain a minimum of 2 hours of test
bed endurance per aircraft flight hour until the final 200
hours of endurance was completed.
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AIRCRAFT GROUND TESTS

A series of aircraft ground tests were conducted on the
aircraft prior to flight toc assure that certain systems met
their design criteria and that the aircraft and subsystem
functioned properly. The majority of the tests were conducted
prior to first flight in the pure helicopter configuration.
Some of the tests were repeated prior to first flight 1n the
auxiliary propulsion configuration. Ground tests relating to
the auxjliary propulsion engines were also performed.

Hydraulic System Proof Pressure Tests

A hydraulic system proof pressure test was conducted for all
aircraft hydraulic systems. The tests were conducted util-
izing an external hydraulic source which was adjusted to
provide one and one-half times the normal system operating
pressure. The pressure was maintained for a minimum of 5
minutes while the system compoinents were inspected for leakage
and deformation.

A summation of the hydraulic system proof pressure testing is
shown in Table 6.

TABLE 6. HYDRAULIC PROOF TEST.

System Normal Pressure Proof Pressure
(psi) (psi)

Flight Controls - 3000 4500
first stage

Flight controls - 3000 4500
second stage

Stability Augmentation 1000 1500
System

Elevator Control 1500 2250

Landing Gear 3000 4500

Auxiliary Propulsion 3000 4500

Start System

Landing Gear Tests

Ground tests were conducted on the landing gear to assure
proper operation. The tests were conducted by jacking the
aircraft and providing normal hydraulic operating pressure
from an external source.
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The landing normal extension-retraction time was verified wiih
the aircraft on jacks as follows:

Actuation Time
Retraction 11.2 seconds
Txtension 12.5 seconds

In additon to documenting the normal landing gear operation,
testing was conducted to document the emergency landing gear
blow-duwn system operation. This testing was conducted by
timing the emergency extension with normal pressure in the
nitrogen bottle and then reducing pressure in stages until the
emergency extension was unsuccessful. A minimum pressure of
250C psi was established fci emergency blow-down.

Landing Gear Drop Tests

The translational free drop, reduced mass method of impact
testing was used with the landing gear installed on a roller-
guided basket of a guillotine-type testing machine. The
mounting fixture duplicated the aircraft mounting geometry.
Tests were conducted by 1lifting the drop mass to a predeter-
mined height and then allowing it to free fall. The free-fall
height was adjusted until the desired sink speed was attained.
Testing was conducted with simulated touchdown speeds of zero
and 60 knots. The nose gear was tested at a level touchdown
attitude only. The main gear was tested at touchdown atti-
tudes of level and 16 degrees nose up. Tests were conducted
at an equivalent of 8 feet per second for the pure helicopter
configuration and 6 feet per second for the auxiliary propul-
sion configuration.

Durirg nose gear drop testing, 137 drops were made in deter-
mining the configuration of the metering pin. No change was
made 1n the outstroke snubbing orifices. The nose gear per-
formed satisfactorily throughout the test program except that
the adiabatic compression of the air charge was producing air
pressures that precluded the use of approximately the last 1.5
inches of the strut stroke. This was corrected by adding a
spacer under the floating separator, increasing the compressed
air volume to 5.03 cubic inches from 3.31 cubic inches. The
fully extended inflation pressure was increased to 285 psig
from 250 psio to maintain the 2-inch static strut positon.
The results of the nose gear drop testing are presented in
Table 7.
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TABLE 7. XH-59A NOSE GEAR DROP TEST RESULTS.

ITEM TEST CONDITION
1 2 3

Aircraft Gross Weight - 1lb 9000 9000 11,100
Sink Speed - ft/sec

Required 8.0 8.0 6.0

Test Actual g.18 8.10 €.14
Drop Height - in 11.93 11.93 6.72
Spin Up Speed =~ kt 0 60 €0
Attitude - deg 0 0 0
Design Vertical Load - 1lb

Max Allcwable 5500 5500 4840

Max Test 5503 5552 4841
Strut Stroke - in. 8.54 8.45 8.33
Strut Inflation Press =~ psi 285 285 285
Tire Inflation Press - psi 65 65 65

During the main gear drop tests, 124 drops were made in deter-
mining the configuration of the metering pin. The main gear
performed satisfactorily throughout the test program except
that the adiabatic compression of the air charge was producing
pressures that precluded use of approximately the last 1.5
inches of the strut stroke. This was corrected by the follow~
ing:

1. An extension was added to the air side of the
floating piston, 1increasing the fully com-
pressed air volume to 11.88& cubic inches from
5.94 cubic inches.

2. The number of outlet holes which allow the
outer o0il chamber to fill rapidly was increased
from 4 to 8.

3. The static position of the gear was reduced to
1.5 inches from 2.0 inches.

The results of the main gear drop testing are presented in
Table 8. Inspections of both the main and nose gear showed no
evidence of damage to either test gear.
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Fuel System Calibration

Tests were conducted on the fuel system to verify and deter-
mine the following information:

Trapped fuel

Expansion space

Fuel flow rates
Unusable fuel

Pressure refueling
Defueling rate

Fuel system calibration
20 minute warning light

All design conditions were verified and all required informa-
tion was obtained.

Aircraft Rigging

The rotor and aerodynamic control surfaces were rigged to the
required values. Control system linearity and hysteresis
tests were conducted to determine control system characteris-
tics. In addition, the c¢yeclic control stick rate damper
characteristics were determined. The results of these tests
are Kkept as a part of the permanent aircraft inspection
vecords.

control System Proof and QOperations Tests

A control system proof and operations test was conducted for
the rotor and aerodynamic control surfaces. The test was
conducted to substantiate the structural integrity of the
XH-59A stationary control system and system backup structure.
The testing was conducted in the following seguence:

Conformity inspection

No load operation and clearance
Proof load and spring rate test
Post test inspection

Testing was conducted for forty combinations of control set-
tings using the following simulated pilot forces at the cock-
pit flight controls:

Control Force

Longitudinal 200 pounds
Lateral 100 pounds
Collective 150 pounds
Directional 300 pounds
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All controls passed their respective proof and operations test
reguirements and the aircraft was cleared for flight.

Ground Runs

Ground runs were conducted on the ailrcratt in four stages t~
verify flight readiness. The configuration test seguence was
as follows:

Bare head (blades removed)
Test clubs

Blades installed

Auxiliary englnes installed

Bare Head Testing:

The aircraft was initially operated without the blades in-
stalled to conduct the following system tests and operational
checks:

Engines(s) operation

Engine drive shaft critical speed test
System functional checks

System leak checks

Rotor shaft 1l/rev. balance check

Data instrumentition checkout

Test Clubs:

The aircraft was configured with test clubs installed in place
of the rotor blades as previously shown in Figure 31. The
test cluts were cesigned to absorb power as a function of
rotor speed. The 1initial test runs were designed to allow for
a progressive development of transmission gear tooth contact
patterns. Once proper gear tooth patterns were developed the
test clubs were used to conduct a transmission run-in using an
applicable time/power spectrum. The following system tests
and operational checks were conducted with the test clubs
installed:

Transmission gear pattern development
Transmission run-in

Engine speed control

Engine torgque matching

System functional checks

Data instrumentation checkout
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Bl adas Instatien:

With completion <t all sther Jround tests, the rotor blades
waere 1nstailed and the oillowing system tests and operational
checrs were conducted:

o1 1 rev balance

oy track

ne opevating chatacterisrtics
o tunctienal tests

e edgew. . se response

Mata mstrumentation checkout

wWith successrul completien ot all
allcrart was telecased for trest 1l
configuration,

¢t the ground testing the
glit 1 the pure helicopter

b

suxiliary Propulsion:

After completion of the pure helicopter phase of the test
program the aircvaft was configured for the auxiliary propul-
s10n phnase. In addition to rigging, system checks, track and
pbalance, and data 1nstrumentation checkout, the following
system tests and operational checks were conducted for the
auxiliary propulsicn engines:

Jperational checkout

Installed vertformance <alibration
Data instrumentation checkout
Fuel system functional check

With successful completion ¢f the reguired auxiliary propul-
s1on ground testing the adirciratt was released for tirst flight
in the auxiliary propulsion configuration.

ATRCRAFT SilAKE TESTS

Shake tests were conducted un the alircratt Lo provide airframe
dynamic freguency response data and the associated ailrframe
mode shapes. Four separate shake tests were conducted during
the test program, two ot which 1:2re conducted with the air-
craft suspended and twe with the gircraft resting on the
landing gear.




The firs=t shake test was conducted prieYy tc the start ot the

puare hellvopler test proJlal phase, The aircraft was sus-
pended using a liXture bolted to the upper rotov head at the
Llade sleeve att ichment tflanges. The ailrcraft was suspcuj
from an «verhead chain winch through bungee cords which we
tuned to provide a 1;*1d body freguency less then one hert
The shaket used tfor this test was of the unbalanced mass type
and was mounted to the upper rcotor head suspension fixture.

o
&
-

b

The secona shake test wdas conducted prior to the start ot the

AUXT 14y proepurs.on test rhase. The purpose of tnls test was

to Jdeternine the Jdynawis reguency response and associated

mode shapes ©f the auxiliary propulsion thrust engine insteli-

ation and the tall cone empennage. The tests were performed

with the a.ruraft resting on 1ts landing gear. Excitation was

aprlied, usiing a ceonstant force electro-dyvnamic shaker, direct-
1¥ to the auxiliary preopulsion engines and to the empennage at

several locations

The third shake test was conducted at the cowpletion ~>f the
90-degree crossover auxiliary propulsion testing. The air-
craft was suspended using a much 1improved suspension test
fixture which 1incorporated hardware to eliminate rotor shaft
to transmission case bear:ng slop which provided a more
realistic simulatien of actual flignt conditons. Excitation
was provided by an electro hydrauliz inertial constant force
shaker mounted to the upper rotor head suspension ifixture.
The scope of this shake test was substantially expanded over
the first suspended shake test. Testing was dividea inte four
separate aircraft configurations. The first conriguration was
tested simulating 90-degree crossover auxiliary propulsion
testing in order to better understand aivcframe stress and
vibration problems associated with the 90-degree crossover
test data. The second test contfiguration was with the 9¢-
degree crossover auxiliary propulsicn configuiration and two
cabin mounted self tuning lateial abscorvbers. Lhe third test
configuration was with the 90-degree rossover auxil:iary
propulsion configuration with  transmission to airframe
elastomeric 1solation. The fourth test configuration was with
the basic auxiliary propulsion configuration, kut simulating
0-degree rotor crossover.

The fourth shake test was conducted after in-tiation of flight
testing with the 0-degree rotor crossover configuration. The
purpcse of this tes. was to determine the mechanism associated
with the rudder control rod dynamic frequencvy and associated
lcads corresponding to data obtained from flight testing with

the 0O-degree rotor crossover configuraion. The testing was
performed with aircraft resting on the landing gear. Excilta-
tion was applied, using a constant foice electro-dvnamic

shaker directly to rthe empennage at several locations.
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TEST PHASES

. The XH-59A was designed to be test f{lown as erther a pule
helicopter or a helicopter with auxiliary propuisici. The
v primary difference bLetween the two configurations 1s the
addition of the auxiliary propulsion thrust Jets with their
associated throttle control, fuel and engilne starmt systems .
well as a horizontal stabilizer i1ncidence change. The onl
major instrumentation changes were f{or auxiliary propulsic
engine monitoring and power measurement systems.

In Kkeeping with the aircraft design phiioscophy, the tota:
flight test program was structured tc first f£ly in the pure
helicopter configuration and then reconfigure the asrcrafit
into the auxiliary propulsion configuration for fiight evaiua-
tion. Both test phases were structured to provide a locgical
orderly buildup of the flight envelope. This was accomplished
by first providing an incremental airspeed emnrelope €xXpansion
followed by an expansion of both the maneuver envelope and
associated simulated system malfunctions at a lesser airspeed
censistent with the prior airspeed envelope expansion eénd

point. The maneuver/simulated system mal“unction tesiing
consisted of flight evaluations for turns, sideslip, control
power, rotor speed, climbs, descents, load factors, rcia

rates, simulated stability augmentation system malfunctions,
; and simulated loss of engine power (both lift and propulsive)
. as applicable. In addition to these tests, the interrotor

control trims were evaluated. In general, the magnitude of

incremental airspeed envelope expansicn was 20 knots.

During the flight test program a conservative approacis was
used to limit rotor and airframe stresses. A ground rule was
established that t:immed flight points would not be atteampted
at flight conditions where anv stress was projected to be
above the fatigue endurance limit. A further conservatism was
included 1n that many fatigue 1limits were determined by
analyses, rather than test, and the analytical procedure 1is
itself quite conservative.

Telemetry was used extensively to monitor aircraft data para-
neters during all phases of flying. This provided not only a
reliable method of monitoring the aircraft on a safety bas:s
but also became more important dvring the auxiliary propulsion
testing 1in assisting the test team 1in expeditiocus use of
flight time when fuel usage became more critical with four
operating engines. The telemetryv system was configured to
display 20 data parameters. “he 10 most critical parameters
were displayed full time while the remaining 10 parameters
wvere selectable by the test team, providing on-call monitoring
of any recorded data parameter auring the flignt.
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Data analysis was conducted between fiilghts, and -<ata trending
versus predictions was correlated. Periodic data reviews were
conducted with on-site Govermment representatives, normally at

the completion of major incremental envelope expansion periods.

Pure Helicopter Testing

The pure helicopter test phase was subdivided into three
separate test sequences. The first, under Test Plan 69G-3,
was conducted to expand the aircrvaft envelope to 80 knots.
The second, under Test Plan 69G-4, was conducted to expand the
alrcraft envelope to 140 Kknots. The last, under Test Plan
69G-5, was conducted to expand the envelope to V_, to obtain
classic performance and handling gualities data amd to explore
areas of interest »Hypassed during the initial envelope expan-
sion testinrg. A summary of the pure helicopter testing 1s
presented in Table 9.

Auxiliary Propulsion Testing

The auxiliary prepulsion testing was subdivided 1irtl two
separate sequences under Test Plan 69G-6. The first seqguence
provided for aircraft check flights after modifications were
made to 1incorporate the auxiliary propulsion engines and to
develop normal and emergency takeoff and landing proce. ires.
The second seqguence provided for flight testing of the auxil-
lary propulsion configuration to a maximum airspeed of 204
KTAS with 90-degree rotor crossover and to a maximum airspeed
of 238 KTAS with O-degree rotor crossover. A summary of the
auxiliary propulsion testing is presented in Table 10.
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TABLE 9.

SUMMARY OF PURE

Test Plan No. Flts. Flt. Hrs.
69G-3 13 12.4
65G-4 16 14.1
69G~5 58 40.1

HELICOPER TEST PHASE.

Accomplishments

Established stability aug-
mentation system gains for
low~-speed flight, completed
five- step cyclic control
sensitivity evaluation,
expanded flight envelope to
80 knots in 20-knot incre-
ments, obtained low-speed
acoutsics data, obtained
low -speed ailrspeed system
calipration, and conducted
first pattern flight at 80
knots.

Envelope expansion to 140
knots, control power tests
to 140 Kknots, 1ro0ll rever-
sals to 140 knots, load
factor development to 140,
elevator setting evalua-
tions

Envelope expansion toc V_,
autorotation flares, al1t¥-
tude testing, level flight
and hover performance,
envelope expansion to V.,
airspeed calibration to VD,
yaw control power in deg-
cent, Government pilot
evaluation, cabin vibration
absorber tuning, elevator
off flight evaluation,
elevator setting evalua-
tions, collective to eleva-
tor evaluation in descent,
dive evaluation to simulate
auxiliary propulsion con-
figuration.
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TABLE 10. SUMMARY OF AUXILIARY PROPULSION TEST PHASE.

Test Plan No. Flts. Flt Hrs. Accomplishments

69G-6 9

e
W

Aircraft check flight with
J~60 engine supports only,
envelope expansion with
J-60 engines installed but
not cverating. verified
freedon fiom nose wheel
shimmy, developed nrormal
and emergency takeoff and
; landing procedures, con-
< ducted first pattern flight
E . with auxiliary propulsion
’ engines operating

69G-6 34 19.3 Envelope expansion to 204
knots true with 90° rotor
crossover, Government
pilot evaluation to 160
kncts calibrated.

69G-6 34 15.8 Envelope expansion to 238
knots +true with 0° rotor
crossover. Government

pilot evaluation to 210
knots calibrated
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E” | XH-59A DATA SYSTEM

The XH~59A was equipped with a full array of data measurement
and recording systems to document the ABC Rotor Concept
Demonstration Program. The data system consisted of both data
measurement and recording systems typical of systems used
throughout the rotary-wing industry, and systems designed or
adapted specifically for use on the XH-59A aircraft. Included
herein 1s a summary description o¢f the XH-59A data system.

System Description

Data Acqusition System:

The airborne data acgqusition system consisted of 130 data
- channels multiplexed into 13 tracks of data and recorded on a
k) l-inch intermediate band analog magnetic tape. The data
: ' acquisition system also contained a telemetry subsystem which
can transmit two tracks of 10 data channels each via L-Band
transmitters to a ground based station for on-line data review
and/or processing.

ot ST SRR

&’_

Electrical Powver:

The data acquisiton system was powered through a master power
distribution box located on the instrumentation rack in the
cabin. The power distribution box was connected to the
aircraft 28 vdc electrical system through a 100-ampere current
limiter and to the 115 vac 400 Hz 3-phase aircraft electrical
system through a 15-ampere current limiter in each phase.
This unit alsco contained current limiters for each distribu-
tion box output.

RS

In the event of an emergency, power could ke disconnected by a
. master instrumentation power switch located in the cockpit.

wiring:

B i e
.

Airframe mounted transducers and measurement 1input sources
were wired to centrally 1located terminal boards which were
connected to a programmable patch panel through trunk lires.
The patch panel facilitates the interconnection of transducer,
signal conditioning, and calibration resistors to FM multi-
plexing of required measurements for the telemetry and tape
recording systems. The cabin instrumentation is shown in
Figures 42 and 43.

Rotating system measurements were wired to terminal boards
located in the ring-shaped instrumentation cans mounted cn

each rotor head. Each instrumentation can conteined two
tracks (20 channels) of signal conditioning and FM encoding
equipment. The FM multiplex output of the lower rotor in-
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Figure 42.

Figure 43.

Cabin Instrumentation Rack -
Forward Section.

C:\\\‘ ~ m—

Cabin Instrumentation Rack -
Aft Section.
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strumentaion was coupled through a slip ring mounted between
the lower and upper main rotor heads to join the output of the
upper rotor instrumentation. The output of all four tracks
(40 channels) or rotating measurements were routed through a
second slip ring mounted on the bottom of the main gearbox to
the telenetry and tape recording system (Figure 44).

Signal Condivioning

The aircraft contained 130 <channels of low level signal
processing modules. The basic functions of a module are: (1)
condition the transducer signal to a t 10 millivolt or a 0 to
-1¢ millivolt level for input tc the voltage controlled
oscillators; and (2) to provide a means of calibrating the
measurement on the ground and in the air. The signal condi-
tioning modules were arranged in groups of 10 (10 channels)
tape tracks with each group sharing a common mount and power
supply. The calibration technique is accomplished by relays
in each signal conditioning module which are controlled from
the system control box. The type of signal conditioning
module depends on the type of transdiucer installed to obtain
the desired measurement. Three types of signal conditioning
modules will handle the entire range of transducers installed
on the aircraft.

Strain Gage Module:

The strain gage module is used for 1, 2, or 4 active strain
gage installations and all potentiometer type transducers

requiring external excitation. The module provides bridge
power, voltage and balance controls, and series resistance
calibration circuits. Potentiometers were wired into wheat-

stone bridge circuits with wing resistors for utilization with
the strain gage module.

Voltage Source Module:

The voltage source module is used for all self-generating
voltage transducers which have a voltage output prcportional
to the measured parameter. The mcdule provides a switch
selectable wvoltage divider that produces an output signal
level of 19 millivolts and a circuit to provide reference
voltages for calibration. The full-scale input range for each
switch position of the voltage source modules is tabulated as
follows:

Switch MS-350B MS5-350C
Position Full Scale Full Scale
1 9 Mv 9 Mv
2 25 Mv 0.5V
3 50 Mv l1.0v
4 150 Mv 2.0V
5 300 Mv 5.0V
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Tach Generator Module:

The tach generator module is used to conditien the output of
the tach generators wused to measure the engine and rotor
speeds on the aircraft. The module converts the high-voltage,
three-phase, low-frequency signal of the generators to a
single-phase, 1low-level signal of three times the input
frequency.

Enceding

This system employs Proportional Bandwidth Inter~Range In-
strumentatien Group (IRIG) low-level micro-minature voltage
controlled oscillators (VCOs). IRIG channels 7 through 16 are
used to accommodate the measurement frequency range. The VCO,
which is basically high level (i.e., 2.5 wvolt input),
requires a pre-amp to accommodate this low«level (& 10 MV)
signal from the signal conditioning module. The pre-amps are
installed in the VCO mount adjacent to each high-level VCO.
The center frequency and intelligence bandwidth on a per-track
basis are as follows:

. CENTER FREQ. NOMINAL
. : (£7.5% DEV.) INTELLIGENCE
CHANNEL NO. (Hz) BANDWIDTH (Hz)
1 2300 35
2 3000 45
3 3900 60
4 5400 80
5 7350 110
6 10500 160
7 14500 220
8 22000 330
9 30000 450
10 40000 600

The voltage controlled oscillator center frequency will
deviate 17%% with a t 10 MV input signal. The intelligence
bandwidth is that frequency, or lower, which can be recorded
without signal attenuation at the VCO. (This intelligence
bandwidth corresponds to the flat frequency response of
galvanometers in light beam oscillographs.)

110

P R

Lo el SR s o e ST S e




Each data track has a discrete track identificetion oscillator
witlt fixed frequencies as follows:

TRACK NO. OSCILLATOR FREQUENCY(Hz)

1 470
2 520
3 575
4 640
5 710
6
7
8
9

790
875
975
lo08C
10 1200
11 1335
12 1480

In additon to the 10 VvCOs and track identification oscillator,
each track incorporates an accurate 50 KHz freguency reference
osciliator. The reference oscillator, 10 VCOs, and 1 track
identification oscillator fregquencies are summed by a summing
amplifier with the multiplex available for magnetic tape
recording and/or telemetry transmission.

Recording Equipment

The data acquisition system recording media was a Bell and
Howell Model MARS-2000 l4~-track airborne analog magnetic tape
recorder. The magnetic tape used was 1.0 inch in width, 1.0
mil thickness on a 10% inch reel, and 3600 feet in length with
a recording speed of 15 IPS providing 45 minutes of record
time. The recorder meets the following specifications:

MIL-E-5400K Class I
MIL-I-6181D
MIL-T-5422 (ASG)
MIL-STD-70KA

IRIG Document 106-73.

o~~~ o~
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The recorder data track assigmnment was as follows:

Track No. Record Ampl. Data
1 to 13 Direct record FM Multiplex Data (10
data channels/tracks)
14 Direct record Run and Calibration
tones
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Telemerry

The aircraft was configured with two UHF L-Band telemetry
transmitters and associated switching to provide air to ground
data transmission of up to 20 FM muitiplexed data channels.
The primary transmitted signal contains the selected track
(track 5) of master parameters. The secondary transmitter,
switchable in flight, has the capability of telemetering any
of the 12 other multiplexed tracks of data recorded on tape.

System Control and Operation

All data acquisition system control {functions were performed
by a master control box (P/N SLGNM-1840) installed in the test
vehicle cabin with a remote control unit in the cockpit for
system record start/stop capability only. The speciaiized
electronic systems can be remotely controlled by the tape
control box in addition to being individually controlled. A
digital display for data burst number was 1installed in the
cockpit instrument panel.

In addition to the normal static preflight data calibration,
the system is capable of "in-flight" simultaneous calibration
of all parameters. This is accomplished by relays installed
in each signal conditicning module controlled by taie tape
control box.

The operating mode of the recording system is determined by
five different tones (frequencies) which were multiplexed on
Track 14. The five tones are identified as follows:

(1) RUN (5.0 kHz) - comes on 2% seconds after the tape
recorder has been started to indicate the tape is up
to recording speed and data sampling can commence.

(2) 2ZERO CAL (6.5 kHz) ~ indicates the signal condi-
tioning modules have removed bridge power from all
transducers.

(3) RESISTANCE CAL (8.0 kHz) - 1indicates the signal
conditioning modules have applied a series calibra-
tion resictance which simulates a known percentage
of full~scale parameter physical input.

(4) X-DUCER CAL (10.0 kHz) - indicates the signal condi-
tioning modules have returned the transducer to its
operating state with bridge power avplied.

(5) BEEPER (12.5 kHz) - this tone is used as an alter-
nate to the run code for identification of a parti-
cular portion of a data burst (panel). The 12.5 kHz
tone is introduced on command and stays on until the
off command is initiated.
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Transducers
Strain Gages:

Airframe total stress and force measurements were obtained
using Micromeasurement 350-ohm temperature compensated stialn
gages configured in a one, two or four active gage Wheatstone
bridge.

Accelerations and Vibrations:

Acceleration and vibration measurements were obtained usinyg a
number of different types of transducers. The selection of
transducers was dependent on the application and reguired
installation. Tranducers used for general airframe accelera-
tion measurements include:

Statham AGOTC-5-350

C.E.C. 4-202-0146
4-202-0001

Endevco 2262-25C

A sepasate measurement was made of cockpit low-frequency
acceleration using Kistler 303M123-3 servo accelerometers with
an active low pass filter unit TGN95-01016.

Powerplant vibration meascremnents were made using Vibrametrico
Vibranite 14C vibration pickups and Endevco 5233 piezoelectric
accelerometers with special cables and the Engine Vibration
Measurement System FGN95-01053. The Engine Vibration Mea-
surement System converts the charge output of the accelero-
meter to a voltage, integrates the voltage to¢ a signal pro-
portional to engine vibration, and band pass filters this
output for the desired frequency response.

Engine Performance:

Engine performance measurements were made for electrical and
hydraulic tie-ins to the regular ailrcraft instrument systems.
Gas turbine speed (N,), power turbine speed (Np)., and turbine
inlet temperature were all measured with electrical tie-ins to
the appropriate aircraft instrument systems. Engine vorques
were measured using pressure transducers (Data Sensor and
C.E.C. 4-356-0001) plumbed to the engine torgue pressure
outputs.
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In auxiliary propulsion mode the primary measurement of J-60
engine thrust was the engine pressure ratio (EPR}). EPR 1is
measured by electrical tie~in to the standard aircraft in-
strument transducer. The synchro output of the transducer was
converted to a voltage proportional to EPR by Natel synchro to
DC converters P/N 416-1C-400-11GLZ.

Air Reference Measurements:

Air reference measurements include airspeed, altitude, side-
slip and angle of attack. A sensor head P/N FTD-1 was mounted
on the end of an 8-foot-long noseboom to extend it forward out
of the influence of the fuselage and rotors. The sensor head
combines a self-aligning pitct-static probe (gimballed) with
vanes to measure sideslip and angle of attack.

Airspeed was measured with a standard airspeed indicator for
cockpit display and a Data Sensors PB409B i3 psig differential
pressure transducer for the instrumentation system.

Altitude was measured with standard cockpit displays and a
Rosemount 1241A4BLDEE transducer for the instrumentation
system.

The sensor head vanes provided a potentiometer output which
was conditioned to a Wheatstone bridge for recording on the

instrumentation system. A high 1level output of the VCO
preamplifiers 1is used to drive cockpit displays of these
measurements.

Outside air temperature was measured using a Rosemount P/N
102AUICK resistance total air temperature probe mounted on the

aircraft fuselage. The resistance output of the probe is
conditioned to a Wheatstone bridge for magnetic tape record-
ing.

Attitudes:

Aircraft pitch and roll attitudes were measured using a Lear
Siegler P/N 9000C attitude gyro. Natel synchro to DC con-
verters P/N 416-1C-400-11GLZ were used to obtain analog sig-
nals proportional to aircraft attitude.

Angular Rates and Acceleraticn:

Aircraft pitch, roll and yaw rates and accelerations were
measured utilizing Hamilton Standard 3 axis DC/DC rate/accel-~
eration package (P/N 10-08307-009). The package contains
three rate gyros and associated electronics which provide
three analog signals proportional to rate and three analog
signals (derived from the rate signal) preportional to angular
acceleration.
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Control Positions:

Control positions were measured using a variety of linear and
rotary potentiometers conditioned to Wheatstone bridges.
Cockpit display of control positions was provided from the
high 1level output VCO preamplifiers, The following control
positions were measured on the XH-59A Flight Test Vehicle:

Longitudinal Cyclic Stick Pos.

Lateral Cyclic Stick Pos.

Collective Stick Pos.

Rudder Pedals Pos.

Differential Longitudinal Actuator Pos. (Al)
Differential Lateral Actuator Pos. (Bi
Differential Collective Trim Pos. (267)
Control Phase Angle (TI')

NPV W

Upper and lower main rotor blade pitch was measured using
130-degree angulators mounted on the main rotor blade cuffs.
The angulators are teorsional force transducers that provide a
Wheatstone bridge output proporticnal to shaft angular dis-
placement.

Specialized Electronics:

Specialized electronic systems were provided in the data
acquisition system to provide signals for cockpit displays
and/or magnetic tape data recording.

Load Factor System (Sikorsky Aircraft P/N SLGNM-1472):
This system provided the foilowing capability:
(a) Pilot display for:

(1) continuously monitoring lcad factor during the
maneuvers.

(2) peak reading positive and negative load factor
attained during the maneuver (upon pilot's
command) at the completion of the maneuver.

(b) Load factor signal for magnetic tape recording utilizing
elther FM multiples or P.C.M. techniques. The signal was
$1.0 vdc for the measurement range of -1.5 to 3.5 g's.

The transducer was a Kistler Instruments Model 303M132 or
Systron Donner Model 4311AR-3.5-P97 servo accelerometer with
power and signal conditioning an integral part of the elec~
tronics. The pilot had a remote control unit at his disposal
for cockpit display calibration and reading of peak load
tactors attained.
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Expanded NR System:

This system accepts the 3X input freguency output of a %tach
generator signal conditicning module taken from the high level
output of a VCO preamplifier and converts 1t to a voitage

proportional tc main cotor speeds. Two precision reference
oscillators included 1n the system can be switched to replace
the 1input feor calibration purposes. The voltage output 1s

used for magnetic tape recording and to drive a digital
cockpit display of NR with a resolution of 0.1% wailn rotor
speed.

71 + l1/Rev. System:

. This system measurec rotor azimuth by means of a specially
E slotted ring mounted on the bottom of the upper main rotor
1 : shaft and slotted opticai block containing two light sources
and two photodetectors. As the ring 1s rotated the photode-~

i » tectors are alternately exposed and blocked from the 1light
E sources, creating a pulse train with pulses every 5 degrees
of rotor azimuth (7Z pulses per rotor revolution). To iden-

tify 0 degree rotor azimuth the system 1s configured to
generate an inverted pulse polarity such that each rotor
revolution creates a pulse strain of 1 negative and 71 posi-

tive pulses. This pulse train output was used for magnetic
3 tape recording and to provide rotor azimuth information for
-3 the blade tip separation monitor.

Blade Tip Separation Monitoring System:

The Blade Tip Path Monitoring System (TPM) was an electrical
system which detected the minimum blade tip separation (air
gap capacitance) and crossing point occurrence of the upper
and lower rotors, and displayed this information in real time
ocn analog (displacement) and digital (crossing point) meters
A to the pilot. The system also displayed and held, for at
i least 30 seconds, this minimum blade tip separation.

The outboard region of all blades contained painted conductive
surfaces that functioned as antennas. The lower blades were
the transmitters (approximately 16 KkHz) and the upper blades
were the receivers. The system measured the separation
between all pairs of blades during each revolution and
displaved the minimum value and corresponding azimuth position
for each revclution. This data was linearized (the raw data
is epproximately 1inversely proportional to the distance
squared), drove the cockpit display, was recorded on the
ailrcratt data tape, and was available foi1 transmittal via
telemetry to the ground station.
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Cockpit Displays:

In addition to the standard aircraft indicators the Xd-59A
flight test vehicle contained the following cockpit instru-
ments (Figures 45 and 46):

o
WU WN -

b
W N =

Expanded NR

Load Factor

Tip Path Clearance and Azimuth
Longitudinal Cyclic Stick Position
Lateral Cyclic Stick Position

Collective Stick Position

Rudder Pedal Position

Differential Longitudinal Control Position
Differential Lateral Control Position
Differential Collective Control Position
Control Phase Angle Position

Sideslip

Angle of Attack
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PURE HELICOPTER TEST RESULTS

FLIGHT ENVELOFPE

In general the helicopter flight envelope was opened up in
20-knot increments in forward flight. 1In addition, sideward
and rearward flight envelopes were established using a pace
method. Maximum velocities obtained in 2ach flight regime are
presented in Table 11.

TABLE 11. PURE HELICOPTER SPEED ENVELOPE.

True Airspeed

Regime (knots) Limit
Forward Flight 156 Power Avail
- Nominal Sea Level
Forward Flight 150 Power Avail
- Nominal 10,000 ft
Sideward Flight - Right 40 10% Control
Margin
- Left 35 109 Control
Margin
Rearward Flight 30 10% Control
Margin

The demonstrated XH-59 1ift capability is shown in the locad
factor envelope (Figure 47). This figure presents the actual
rotor 1lift developed to trim and maneuvering flight and
relates it to the helicopter design gross weight of 9000 1b in
terms of load factor.

The maximum nondimensional blade 1loading (C,/0) developed
throughout the flight envelope is presented in ﬁigure 48. The
ABRC rotor's ability to maintain lift with increasing speed is
clearly evident.

The range of density altitude covered in the envelope expan-
sion for both level flight trim and dive conditions is shown
in Figure 49.

Sideslip and bank angle envelopes are presented in Figures 50
and 51.

Rotor speed ranges for power-on and power-off flight condi-
tions are shown in Figures 52 and 53.
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PERFORMANCE

In the pure helicopter configuration,

flights were flown for hover and level flight.

dedicated performaace
The aircraft

configuration for these flights is shown in Table 12. B

TABLE 12.

AIRCRAFT PERFORMANCE TEST
CONFIGURATION (HELICOPTER).

Hover Level Flight
C.G. Location 297.0 in. 297.0 in.
SAS CN ON
Stabilizer Incidence +10 deg +10 deg

Elevator Angle

2]

Fixed at Zero
100%
20 deg

0 deg
0 to +2 deg

Variable, Coupled
to Collective

Auto Adjust, g
Sensing

30 deg to 80 kt, .
60 deg 1006 kt to V

H
-0.5 deg
0 deg
-0.5 deg
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Hover Performance

Free flight hovering performance tests were conducted at
10,000 1b and 11,000 lb gross weights at wheel clearances of
10, 20, 35 and 75 feet. Wheel clearances were established
using a weighted, calibrated rope. Power requirements at each
wheel clearance were measured at N_./ J@8's of 92, 95 and 100
percent. Additionally, Bi was varigd between 0 and 2 degrees
while hovering OGE. This™ changes the rotor lift distribution
in such a way as to increase the interrotor moment. Test
results are plotted in the nondimensional form of C ., versus Cp
in Figures 54, 55, and 56. Test data points are coded to
4 retain identification by N,/ V&, but curve fairings were made
4 without regard to tip Macﬁ'number. Figure 56 indicates that
- on the average, power requirements increase with increased Bi.
The derived transmission efficiency (n) of .95 and calculated
vertical drag of & percent were used to extract main rotor
thrust and power from these data. This yields a main rotor
figure of merit of .79 at a nondimensional blade 1loading
(C,../0) of approximately 0.1 (Figure 57). A comparison of the
aircraft system figure of merit (based on gross weight and
total power reguired) between the XH-59A and several existing
aircraft is shown in Figure 58. The 11 percent improvement in
hover efficiency shown over the most advanced current aircraft
is derived both from improvements provided by the coaxial
rotor system and absence of a tail rotor.

o’
[J
a

Level Flight Performance

Level flight performance was tested throughout the airspeed
range from 20 knots to V, at W/g's of 11,000 1lb and 13,000 1b
at 100 percent N, //8, thgreby depicting power reguirements at
C.'s of 0.01084 Bnd 0.01281. Additionally, high-speed level
inght performance (100 knots to V,) was tested at 105 percent
N_//8 for C_ equals 0.01084 to detgrmine the effect of advanc-
igg blade ﬁgch number (compressibility) on level flight power
requirements. ' was then varied between 30 degrees and 68
degrees, to the extent that blade tip clearance and structural
considerations would permit, in the 80-knot tc 120-knot speed
range to optimize the ' versus airspeed schedule from a per-
formance standpoint. T schedule optimization was flown at
wW/5 equals 11,000 1b, N_/J 8 equals 100 percent, C,, eqguals
0.01084. R w

Figure 59 presents level flight power required data corrected
to standard sea level conditions for 11,000 1b and 13,000 1b
gross weight at 100 percent N . Figure 60 shows level flight
power required data in the nogdimensional form of Cp and M

versus M for C equals 0.01084 at N_8's of 100 and %88
percent, and Ff%ure 61 shows nondimensf%nal Cp and MADV versus
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Figure 59. Level Flight Performance,
Hellicopter Configuration.
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Figure 60. Nondimensional Level Flight Performance,
Helicopter Configuration.

u data for Cy equals 0.01281 at 100 percent N._,. €. Figure 62
shows power required data record tor all ettings. Data
points are coded to retain identification by ' angle. Figure
63 was constructed to optimize I’ at each airspeed for
which I' variations were performed. Deviations from the main
airspeed within each data group were accounted for by applying
the speed-power curve slopes. These data substantiate pre-
dicted trends, shown by solid lines, indicating that lievel
flight power redquirements could be minimized by flying the
following schedule:

Airspeed o

30 to 80 kt 30 deg
100 kt 40 deg
120 kt 50 deg
140 kt to VH 60 deg
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Level Flight Performance,
Helicopter Configuration.
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Figure 63.

Level Flight Performance,
Helicopter Coniiguration.
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Figures 64 and 65 present dimensional and nondimensional level
flight power required curves for the optimized schedule.

Figure 64 w=lso shows the impact of installed instrumentation
(primarily tne instrumentation cam installed between the two
rotors) on pcwer required. This instrumentation increases
equivalent drag ? square feet. The dashed line in Fiqure 65
shows what the power required would be without the instrument-
ation installed. .
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Figure 64. Level Flight Performance,
Helicopter Configuration.
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HANDLING JLUALITIES

Stability, control and handling, and flying qualities were
evaluated in detail during the 66.6 flight hour ABC Pure
Helicopter Flight Research Program. In the initial tests, 6.1
hours of hover and low-speed flying were used to checkout all
systems including the cyclic stick dampers and stability
augmentation system (SAS). A subsequent 6.3 hours were used
to optimize SAS gain and to evaluate control power, control
margins, lateral/directional static stability, control phase
angle ('), flare capability and simulated SAS hardovers, all
at forward flight speeds up to 80 knots. In the final 54.2
hours, these handling qualities characteristics were explored
at level flight speeds to 156 KTAS and dive speeds to 186
KTAS.

Hover and Low-Speed Flight

Ground Taxi:

Forward taxi to 15 knots ground speed and left and right taxi
turns were performed. Adequate yaw control was available and
control orientation was normal with rotor control phase angles
up to 40 degrees and with the collective stick set at 25
percent. With the collective stick setting of 15 percent, no
yaw control existed. Pedal movement, stop-to-stop, produced
no heading change. With collective stick lowered to full down
(negative rotor thrust), yaw control was reversed and fairly
strong.

Hover:
Control Sensitivity Buildup and SAS Optimization:

The initial 10 flights were conducted to jinvestigate increases
in pitch and roll axes control sensitivity and damping in
hover. Control sensitivity was increased by discrete changes
in control 1linkage geometry, and damping was increased by
feedback gain adjustments in the rate channel of the SAS. Low
initial cyclic control sensitivities were used as a precaution
to avoid pilot-induced-oscillation (PI10) with the high control
power ABC rotor system. No PIO tendencies were encountered in
either the pitch or roll axes. 1Initial and final hover values
for control sensitivity and damping are shown in Figures 66
and 67 for the pitch and roll axes, respectively. Note that
control sensitivity in pitch was essentially finalized at a
setting of -.15 degree cyclic feathering per degree per
second. This final SAS-on damping to control sensitivity
provided a terminal rate of 7.2 degrees per second per inch of
longitudinal cyclic input and a Cooper-Harper rating of 3.0.
Control sensitivity in roll was 1nitially doubled for flight
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and a SAS rate gain setting of -.065 degree cyclic feathering
per degree per second roll rate was used. This gave a ter-
minal rate of 5.0 degrees per second per inch and a Cooper-
Harper rating of 3.0. Subsequent side flight tests suggested
that more lateral sensitivity was desirable; a 25-percent
increase was implemented. Terminal rate was increased to 6.0
degrees per second per inch and pilot rating remained un-
changed and therefore no further adjustment was made to SAS
rate gain. SAS-off testing in hover was found to be accept-
able (Cooper-Harper rating of 6.0) although terminal rates of
15.5 degrees per second per inch in pitch and 11.9 degrees per
second per inch in roll were attained.

For the ABC rotor system, using differential torqgue between
the upper and lower rotors resulting from differential collec-
tive application through pedals, the MIL-H-8501A criteria are
not wvalid since they were developed for tail rotor systenms.
The differential collective used on the ABC system allows high
yaw rates (in excess of 45 deg/sec) to result from 1 inch
pedal step inputs that are easily arrested by opposite pedal
input. This allows large rapid heading changes with 1little
tendency to overshoot.

Directional characteristics available with differential col-
lective between the rotors was rated good by the pilot al-
though damping is below MILH-8501A minimum criteria and con-
trol sensitivity is only marginally above the minimum criteria
(Figure 68).

Hover Trim Control:

The effects of wind direction on aircraft trim control posi-
tions for a 10-foot wheel height hover are presented in Figure
69. The aircraft was trimmed in successive increments of
45-degree heading changes to the left in a 2- to 3-knot wind
condition. Control variations are small with the low wind,
but the cyclic control was always into the wind; forward stick
for nose into the wind, left stick for left side to the wind,
etc. Stabilized hovers with controls fixed were maintained
quite easily.

The effect of ground proximity on control positions in hover
is shown in Figure 70. For wheel heights from 2 to 25 feet
above the ground, collective control position increased by
about 14 percent and total engine power increased almost 30
percent. Longitudinal, lateral and pedal control positions
were not significantly changed.

135

G )




e T T

0 FIRST HOVER

O FINAL FLIGHT

8 - /
e/
&
7 > &
(3] -
H
! (® sssow
o 44
2
[
21 //
L
o
29 / ® O sasore
0 L ¥ H T T ¥ L L
0 2 4 ] 8
CONTROL SENSITIVITY ~ RAD/SEC 2/IN.
Figure 66. Hover Pitch Control Power-Damping
Characteristics, Helicopter Configuration.
& FmsTHOVER
J NiTiALFLGHT
(O FNaLFLIGHT
25% INCREASE FOR
6 = IMPROVED FLIGHT
. O @© sason
L
12 =
T
o .
4
H
o 81
z B © sasorr
E -
<
a
4
0 T T T T T T T
[+] 5 1.0 15 20
CONTROL SENSITIVITY ~ RAD/SEC 2/ 1N.
Figure 67. Hover Roll Control Power-Damping

Characteristics, Helicopter Configuration.

136

Arrapim e he




1
VFR & IFR

DAMPING ~ SEC-1

0 T T —— T T T 1
Q 2 4 6 8

CONTROL SENSITIVITY~ RAD/SECZ/IN.

Figure 68. Hover Directional Control Power-Damping
Characteristics, Helicopter Configuration.

by

%

PEDAL
POSITION
~%

s 30 i
2 z WO 3
SEg ., WIND SPEED ABPROX. 3 KNOTS )
==
gmg ¢ 40 i
AFY oyt -
S 20
80 f
s -
> Zz UPJ i
FxQ 60 .
bies L] e [
=58 40 F
o & DWNJ i
© 20
BO H
RY
- 2z
4y 0 L)
G2E .,
268, W &M
- & LT
20
80
ar |

T T \ ™)
45 90 135 180 225 270 315 380

N
(-3
©1

AIRCRAFT HEADING RELATIVE
TOWIND ~ DEG

Figure 69. Effects of Wind Direction on Trim Control
Hover, Helicopter Configuration.

137 6




i

1

A

1

]

t

L
I

20

L T

138

WHEEL HEIGHT~FT

Controllability in Hover
Helicopter Configuration.

|
] et I%...A e © m
\\’ -rt
z ¥
Y o o [=) =] o TO ak- o [=] o ok o (=2
3% 3 s W & 2 W Z § 4R 8 3 g BR Sax g 5R m m m m m
T~ S M1 TI0D % ~S0d W1S DNOT %~30d W15 1¥1 % ~ 50d 1¥03d dH~H3IMOd INIONT TVLIOL I




Hover/Low-Speed Turns:

Rapid hover turns were performed in both feft and right direc-
tions. The time history of a right turn is shown ip Figure
71. Note that the aircraft demonstrates a relatively smooth
turning characteristic. Cross coupling into pitch or roll, as
frequently encountered on single-rotor helicopters, is notice-
ably absent. In general, turns were easier to perform with
the ABC than with conventional helicopters. Full 360-degree
turns were compieted in & to 10 seconds with very accurate
final heading countrol. Note in Figure 71 the flat attitude of
the aircraft throughout the turn. Surface winds were 5 to 10
knots and are reflected in the 10 percent longitudinal and 20
percent lateral stick motion. Pedal movement was up to 81
percent for turn initiation and up to 43 percent for recovery
from the turn.

The pilot task in performing zero sideslip turns at speeds
below 30 knots was considerable, due to pedal requirements for
coordination. This workload dropped very quickly at speeds
above 40 knots. Turn maneuvers were conducted at bank angles
to 40 degrees at 60 knots. No pitch-roll coupling was evident
during the normal rates uzed for the turns.

Hover Dynamic Stability:

The pitch and roll SAS-ON damping provided the aircraft with
dynamic stability characteristics that exceeded MIL-H-8501A
requirements (Figure 72). This is also substantiated by the
aircraft response to a typical longitudinal control reversal
in hover (Figure 73). During all low-speed maneuvers, air-
craft stability was good. This was also true for SAS hardover
responses and SAS~OFF flight.

Single channel SAS hardovers were evaluated for both single
and dual axes for a number of hover flight conditions.
Response of the aircraft to hardovers was very mild. In most
cases, no corrective action was taken by the pilot for several
seconds. Hardovers were five percent control authority and
the operating channel tended to compensate for the hardover
channel. An example of a simultaneous aft-right hardover at
hover is shown in Figure 74. Pilot corrective action was
taken about 3 seconds after tbe hardover. Attitude data were
not available but pitch rate reached 15 degrees per second and
roll rate about 6 Adegrees per second. Lift-off, hover and
landing were conducted with both channels of SAS turned off.
Aircraft response was mild and the aircreft remained easily
controllable althcugh the reduced aircraft damping, about
halved as shown 1in Figures 66 and 67, was apparent to the
pilots.
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(SAS On), Helicopter Confiquration.

Yaw Oscillation/Side Force Disturbance:

Aircraft random yvaw oscillations and lateral translations were
apparent when hovering in ground effect (wheel heights below
10 feet). Random yaw and laceral translation, equally strong
in either direction, required pedal displacements of up to 120
percent to contain the yawing moment, while a displacement of
the lateral cyclic in the same direction was required to hold
a stationary point over the ground. As the external forces
acting on the aircraft reversed randomly, the control dis-
placements required created a heavy pilot workload. <Crosswind
hovers at 10-foot wheel heights with doors on or off were
stable, but with slightly different trimmed control positions.

It was theorized and confirmed by observation of tufts mounted
on the airframe that unsteady separation of rotor downwash
flow around the nose of the aircraft was creating the forces.
In an attempt to stabilize the flow, flow separators or
strakes were attached to the sides of the fuselage to trip the
flow of rotor downwash and fix the separation point. The
addition of strakes along the 1lower sides of the aircraft
reduced the magnitude of the disturbing force to a level that
required only small annoying control motions. Figures 75 and
76 provide a comparison of the disturbing forces with strakes
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on and off for a 10-foot hover. Note in Figure 76 that yaw
rate diverges to the right at 4.5 seconds and to the left at 8
seconds withoutza pedal input. Yaw accelerations of 8 tn 15
degrees/ second” were typical without strakes. Some disturb-
ances remain with strakes (Figure 75), but the amplitudes are
generally reduced by 50 percent. The strakes installed for
most of the testing were 1l-1/2-inch-high fences installed at
approximately waterline 130 from station 165 to 275 on both
sides of the aircraft.

The unsteady flow phenomencon is apparently related to the
perfectly circular cross section of the XH~-59A fuselage.
Since the problem is not related to the ABC rotor system, no
attempt at a permanent "fix" was made and the strakes were
removed prior to the start of forward flight testing.

Sideward Flight Trim:

Initial sideward flight tests resulted 1n a 20-knot maximum
left sideward flight speed capability while retaining a 10-
percent control margin. A 25-percent increase in lateral
cyclic range was implemented as previcusly discussed. This
lateral control change provided a sideward flight envelope of
40 knots right to 35 knots left with controllability as shown
in Figure 77. Roll attitude, lateral cyclic control and pedal
control are all stable. Note that at 40-knot right sideward
flight a 20-percent lateral control margin remains. At 325
knots left sideward flight, only a 10-percent lateral control
margin remains. The nonsymmetry in lateral control is a
result of the differential collective pitch from the pedal
position to maintain heading. In left sideward flight, right
pedal is used to hrcld heading against the weathercock
stability of the ve:ti:al tail surfaces. A right pedal input
increases upper rotor collective blade angle and reduces lower
rotor collective blade angle, resulting in an increasing
percentage of the thrust load being carried by the upper
rotor. The proportionately stronger upper rotor wake skews
over and impacts on the right side of the lower rotor.
inducing a strong restoring moment that must be overcome with
additional lateral control displacement. Conversely, in right
sideward flight the lower rotor assumes a larger share of the
thrust 1load, The weakened upper rotor wake induces less
restoring moment as it impacts the left side of the more
heavily loaded lower rotor; and thus about 10 percent less
lateral control is reqguired.

Rearward Flight Trim:
The rearward flight controllability characteristics were
tested by pracing airspeed with a calibrated test support

vehicle. Results of rearward flight testing are shown in
Figure 78. Rearward flight speed was limited to 30 knots
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during test by available field length even though control
margin was not encountered. Note that aft longitudinal cyclic
control and collective control show the start of a gradient
change in the 25- +to 30-knot rearward speed range. This
gradient change is caused by the start of horizontal
stabilizer download. The positive 10-degree incidence setting
results in a download increase in rearward flight., The down-~
load causes the normal collective drop with advance ratio to
cease, and the negative moment created relieves the aft cyclic
requirement. No significant workload increase was reported by
the pilot in association with this speed range.

Forward Flight

Level Flight Trim:

Level flight trim characteristics of the aircraft to 154 knots
are shown in Figure 79. A high positive longitudinal stick
gradient exists from hover to about 40 knots due to a strong
low-advance~ratio speed stability of the stiff rotor system
and horizontal stabilizer download at about 17 to 18 knots
which persists to about 60 knots. In the 60- to 100-knot
regime, longitudinal control position gradient 1is negative
with increasing airspeed. Through this range of minimum power
requirerents, downwash on the horizontal stabilizer reduces,
causing an aft cyclic control motion and attitude to begin
going nose down. This stabilizer induced longitudinal rever-
sal is not ABC rotor related. From 100 knots to V., where
collective control requirements increase, the lon&itudinal
stick gradient is positive. Migration of lateral stick 1is
slightly left with airspeed and the maximum variation in
rudder pedal position is only 5 percent from neutral and
occurs at 40 knots. Aircraft pitch attitude is essentially
zero through 60 knots, then varies linearly to 11 degrees nose
down at V_ of 156 knots. There have been nec adverse pilot
comments rggarding the nose-down attitude.

Level flight trim characteristics at 10,000~foot altitude are
similar to those at 2000-foot altitude. Minimum and maximum
airspeeds are limited, however, by an 810°C, TS5 temperature to
40 knots and 150 knots true airspeed.

Effect of Control Phase Angle (I'):

Control phase angle, I', introduces components of longitudinal
cyclic control input, A g in the lateral direction as a
differential lateral b1ad£ feathering, B!.. At hover and low
airspeeds, low values of I' are used to ﬂ§5e a high amount of
longitudinal control power available and keep the lift distri-
bution of each rotor toward the advancing side. In high-speed
flight, high values of I' are used to control the outboard
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movements of the 1lift onto the advancing side. Unrestrained
lift migration on the advancing side would induce shaft bend-
ing loads exceeding allowables. This 1is apparent in the
rolling moment data of Figure 80. The envelope of control
phase angle (I') developed in test is shown in Figqure 81. High
values at low airspeed require excessive forward cyclic and
leave inadequate maneuver control available, while low values
at high speeds would result in shaft bending stresses at 1P
exceeding allowables.

Effect of Differential Lateral Blade Control, Bi:

Elimination of the variable B! would allow for significant
control system simplification.” To simulate this condition,
the aircraft was flown through the full airspeed envelope
using differential lateral control, B!, with a fixed 30-degree
control phase angle. Trim characte}istics for level flight
between 40 knots and VH are shown in Figure 82. Comparison of
fixed B} and variable 'Tdata with fixed I' and variable B] data
verifie# that the results are essentially the same. Vatiable
B!, fixed T flight requires somewhat less forward longitudinal
c%ntrol than flight at high I’ values. Variable Bi then is a
viable design alternative to variabler .

Effect of Differential Longitudinal (Ai) and Collective
Control (Aet):

Differential longitudinal cyclic pitch, A!, was varied during
flight at 130 knots airspeed and a of %O degrees to assess
controllability. Fuselage attitudes and cockpit control
positions as a function of A! are presented on the left side
of Figure 83. Lateral contrdl position is the only parameter

that varies significantly with changes in A!. Positive A!
inputs require right lateral cyclic of 7.4 per&ent control pe}
degree A!. In explanation, positive A! input with lateral

control fixed applies a forward cyclic feathering to the lower
rotor along its control axis and aft cyclic feathering to the
upper rotor along its control axis. Because of the control
phase angle, both rotors have left lateral feathering applied
in the shaft axis and produce 1left rolling moment. Right
control displacement 1is required to balance the aircraft
laterally.

Effects of differential collective trim (Aet) on control
positions at 130 knots are shown cn the right“of Figure 83.
Positive application of A@_ increasec upper rotor collective
pitch and equally decreases lower rotor collective pitch. As
a result, more advancing side 1lift is produced on the upper
rotor while less advancing side lift is produced on the lower
rotor. This creates a left rolling moment that requires right
lateral stick to balance. Stick variation with A6, is 6.0
percent per degree Ao, . Attitudes and other cont%ols are
relatively unaffected By either differential control varia-
tion.
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Effect of Rotor Speed:

The effect of rotor speed on trim level flight controllability
was evaluated at numerous airspeeds. Data for 50 and 130
knots are presented in Figure 84. The primary effects on
aircraft trim characteristics and controllablity are collec-
tive and longitudinal stick positions. As would be expected,
increasing rotor speed reduces both the collective and forward
longitudinal stick requirements. The lowest gradient is
exhibited at 50 knots where collective and longitudinal stick
changes with rotor speed are 0.75 and 0.68 percent control per
percent rotor speed. At higher speeds the gradients increase
with values of 0.99 and 0.77 at 130 knots.

Comparison of the data for 50 and 130 knots shows more lateral
control, roll attitude and sideslip variation at 50 knots than
at 130 knots. The higher rotor speed to lateral coupling at
50 knots results from two separate rotor phenomena, one aero-
dynamic and the other control system design. The aerodynamic
reason 1is that significantly more interrotor aerodynamic
interference exists between the upper and lower rotors at 50
knots than at 130 knots. Increase in rotor speed therefore
creates more differential torque change at 50 knots, with the
upper rotor increasing torque more than the lower rotor.
Secondly, dynamic pressure sensing is used to decouple differ-
ential collective pitch from the pedals linearly between 40
and 80 knots airspeed. Thus at 50 knots the pedal inputs
change rotor differential collective pitch, which exaggerates
the resulting differential rotor torque. Sideslip results,
through dihedral, cause roll and lateral control requirements.

Effect of Elevator/Collective Coupling:

Elevator to collective coupling substantially reduced shaft
structural 1loads in descending flight and reduced control
requirements in level flight. Coupling employed is shown in
Figure 85 as elevator angle against collective stick position.
Full-up collective gave a 7-degree trailing-edge-down elevator
position and full-down collective gave a 13.5-degree trailing-
edge-up position with a linear variation. Shown in Figure 86
are collective and longitudinal stick positions for level
flight trim with the elevator fixed at 0 degree, the elevator
removed, and the elevator coupled to the collective control.
These data show that the collective requirement is reduced
about 3 percent by the coupling and forward longitudinal
control required is reduced by up to 6 percent at V.. The
trailing-edge-down elevator associated with high collective
produces a diving moment on the aircraft, thus requiring less
forward cyclic.
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Sideslip Flight:

Trim characteristics in sideslip flight at 120 knots are shown
in Figure 87. The aircraft exhibits a positive dihedral
effect. Right stick is regquired to balance the rolling momert
induced by right sideslip and left stick for left sideslip.
Positive directional stability is evident by the requirement
for more left pedal to hold increasing right sideslip and
right pedal to hold left sideslip. No control limitations
were encountered to slip angles of 10 degrees in either direc-
tion. Adequate margins remain for maneuvering. Dihedral and
directional stability become more positive as airspeed
increases. Also, bank angle is in the proper direction and
the gradient is strong at 120 knots due to the higher side
force developed. Positive lateral/directional static
stability was demonstrated for all speeds from 8 knots to VH'
No tests were conducted at speeds below 80 knots.

Maneuvering Flight:

Maneuverability of the ABC rotor system was evaluated in
flight throughout the developed airspeed envelope. This
maneuver envelope expansion 1included turn characteristics,
climbing and descending flight, diving flight to airspeeds in
excess of V.., autorotations and recoveries, pullups, pushovers,
and low—spegd longitudinal and lateral agility.

Banked Turn Characteristics:

Banked turns were tested at selected airspeeds from 80 knots
to 150 knots, .97 Vg level flight. Turns were initiated from
straight and 1level™ flight with lateral stick. Collective
control was held constant and altitude was sacrificed to
maintain airspeed. Turns at all airspeeds were characterized
by the turns at 150 knots, the control characteristics of
which are shown in Figure 88. Lateral control demonstrates a
stable gradient with bank angle. The aircraft is well coor-
dinated as demonstrated by virtually no sideslip or pedal
variation over the range of bank angle. A slight aft longi-
tudinal control, stable maneuver stability, is required to
increase angle of attack at the higher 1load factors. No
structural or control system limits were encountered that
would prevent banked turns at angles to 60 degrees, the design
load factor limit for the airframe.

Climb and Descent:

A substantial variation in longitudinal control occurred
between climbing and descending flight. The pitching moments
that were being balanced emanated primarily from horizontal




Figure 87. Sideslip Flight Characteristics,
Helicopter Configuration.
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stabilizer airloads. The amount of control migration experi-
enced was substantial. At higher airspeed cond:tions, attain-
able rates of descent were limited by high shaft bending
moments (which are discussed in the structural section of this
report). Trim colliective and 1longitudinal control require-
ments in climbs and descents at airspeeds from 80 to 130 Knots
are shown in Figure 89. The upper curves show fixed elevator
characteristics while the lower show elevator coupled
characteristice. Climbs and descents were alsc flown at 130
knots alrspeed with moderate changes in fixed elevator deflec-
tion, differential collective pitch, differential longitudinal
cyclic pitch; and one change occurred in the combination of
control phase angle (I') and differential lateral cyclic pitch
WB!). None of these control changes influenced the sensi-
ti&ity of controls to rate of climb or descent.

The stabilizer-induced envelope limits on descending flight
could be substantially eliminated by either reducing the
stablizer area or coupling the elevator angle into the collec-
tive control. To maintain a conservatively large stabilizer
for the balance of the testing and to avoid a major structural
change, a decision was made to couple the elevator to the
collective control as a means of reducing longitudinal cyclic
excursions and resulting shaft bending moments in descending
flight. The effect of the elevator/collective coupling on
rate of descent capability at cruise airspeeds is shown in the

lower curves of Figqure 89. Full autorotation descent was
attainable at 120 knots, where prior to coupling that condi-
tion was well beyond structural limits. The extent of

improvement in the descending flight envelope is shown in
Figure 90. No structural or ccntrecl limits were encountered
in climbing or descending flight within this envelope.

Dives:

To evaluate the ABC coaxial rotor system at airspeeds in
excess of 1level fliight V,,, shallow dives were conducted from
12,000-foot density altifde. Descent rates to 2000 fpm and
186 KTAS (159 KCAS) were demonstrated at 8000 to 9000 feet .
The technique used was to trim the aircraft in level flight
and then build up speed by pushing over into a shallow dive.
Dives from level flight at 100 KCAS are shown in Figure 91.
Pitchh attitude 1is stable with airspeed; nose down with
increasing speed. Diving from a 100 KCAS trim, where collec-
tive was 70 percent and pitch attitude was 4 degrees nose
down, results 1in a rearward longzitudinal control position
variation with speed. The unstable gradient 1s caused by the
10-degree leading-edge-up horizontal stabilizer incidence
creating more nose-down moment with increasing airspeed.
Maximum dive speed from this 100 KCAS trim conditien was
limited by altitude loss, increasing cockpit leteral vibra-
tions, and rates of descent up to 2300 fpm. Tip clearance was
acceptable at each attained airspeed for this diving flight.
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Autorotation and Flare Recovery:

During descending flight tests, when differential collective
control was retained on the pedals by deactivating the dynamic
pressure sensed washout, mild directional control reversals
were encountered prior to reaching autorotative descent rate
at 60 and 70 knots airspeed. Recognizing that flare recovery
from autorotation could result in directional control rever-
sals as airspeed decreased and differential collective conrtrol
automatically phased back onto the pedals, flight tests were
conducted to establish autorotative flare and landing techni-
ques. Different combinations of flare attitudes, autorotative
rotor speeds, and differential collective-to-pedal 1linkages
were evaluated by flaring at altitude to a target speed of 40
knots and applying a pedal step in the process. From these
tests, a technique for flaring from autorotation with dirffer-
ential collective washout in the automatic mode was establish-~
ed. This technique was tested in flight and the resulting
maneuver 1is shown in Figure 92. From trimmed autorotation at
80 knots and 95 percent N, a 20-degree cyclic flare was con~-
ducted with a left pedal gtep applied as the aircraft reached
50 knots. Differential collective washout reached 40 percent
at the time when the pedal step was applied. Yaw acceleration
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and sideslip response to the pedal step shows that a strong
positive directional control 1s available. Rate of descent
was arrested at 50 knots and the aircraft could have landed at
that point.

Agility (SAS on):

Both longitudinal and lateral acceleration and deceleration
capability (agility) of the aircraft were evaluated. The
results are shown in Figures 93 and 94. The maneuvers were
performed at incremental pitch and roll attitudes while accel-
erating to a predetermined airspeed, stabilizing at that
speed, and then decelerating to a hover. Both peak instan-
taneous acceleration and average value are presented for each
target airspeed. Pitch attitudes on the order of 15 to 20
degrees were most comfortable for the longitudinal maneuvers.
Peak forward accelerations of 0.5g were readily achieved
(Figure 93). Agility in the left direction, however, was
appreciably reduced (Figure 94). It appears that the pilot in
the right seat has better ground visibility out the right
window; thus he is comfortable with maneuvers to the right and
therefore will command more performance from the aircraft to
the right than to the left.

Stability and Control Characteristics:
Control Sensitivities and Couplings:

Longitudinal, lateral and directional control sensitivities
were evaluated by application of step control inputs at level
flight conditions from hover to V.. Control steps were
applied in both directions to dete¥mine tendencies toward
either control or response nonlinearities. Angular accelera-
tion about each principal axis was recorded to assure that any
control couplings would be identified. 1In addition, pedal
steps were applied in low-speed descending flight conditions
to determine sensitivity reductions associated with rate of
descent. These steps were applied at 40 and 60 knot descent
and with pedal providing rudder inputs only and providing both
rudder and differential collective inputs. SAS was kept on
for all step control applications.

Longitudinal, lateral and directional control sensitivies as
they vary with airspeed are presented in Figure 95. Pitch and
roll control sensitivities as they vary with airspeed are
presented in Figure 96. Pitch and roll control sensitivities
generally increase with airspeed. Directional control sensi-
tivity decreases up to 80 knots airspeed because collective
pitch is decreasing, resulting in less differential torque per
unit differential collective and phasing of differential
collective from the pedals in the 40- to 80-knot range.
Sensitivity above 80 knots, where rudders only are used,
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Figure 93. Flight Demonstrated Longitudinal
Agility, Helicopter Configuration.
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Flight Demonstrated Lateral
Agility, Helicopter Configuration.
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increases in proportion to dynamic pressure. Magnitude of
roll and directional control sensitivity are independent of
input step direction. Longitudinal sensitivity, however, is
consistently higher for forward inputs than for rearward.
This behavior is caused by a number of system nonlinearities
that combine in various proportions at different airspeeds.
The mechanical control system, particularly on the upper
rotor, has nonlinearities because of small radius bellcranks
and internal blade pitch horns. Additionally, the control
displacement to rotor moment response is not orthogonal at
forward airspeeds. This results from azimuthal variation in
blade Lock No. and assocliated azimuthal variations in blade
precession angle. These phenomena apparently combine such
that forward control sensitivity is consistently higher than
aft control sensitivity.

Directional characeristics were examined for effects of low-
speed descending flight and coupling into roll with rudders
plus differential collecti-e and rudders only. Variations in
directional control sensitivity with rates of descent are
presented in Figure 96 for 40- and 60-knot airspeeds. At both
alrspeeds, control sensitivity decreases as descent rate
increases. Lowered collective results in less torque change
from differential collective, and rudder hinge axis effective
sweep caused by descent reduces rudder effectiveness. Roll
coupling with directional control characteristics are pre-
sented in Figure 97. Rudders at 20 degrees per inch of pedal
together with differential collective at 2 degrees per inch of
pedal was evaluated at 60 and 80 knot airspeeds. Coupling is
strongly adverse and is the principal reason that differential
collective is phased from the pedals linearly from 40 to 80
knots. Step inputs with rudder only rigged at 10 degrees per
inck of pedal were evaluated at 60, 80, 100 and 120 knots.
The data show proverse coupling at all speeds. The coupling
is essentially unity and results in lateral stick turns being
well coordinated with little or no pedal input.

Finally, collective control steps were applied over the speed
envelope to evaluate the pitch with collective coupling common
to hingeless rotor systems. These steps were applied with
elevator fixed and ccllective to elevator coupling. These
data are presented in Figure 98 and show the expected strong
coupling at higher advance ratios. Collective to elevator
coupling reduced the collective to pitch coupling by almost 5C
percent. The roll with collective coupling common to single
rotor hingeless systems is not present in the coaxial system
since the rotors cancel through the shaft resulting in no net
roll moment to the airframe.
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Dutch Roll Mode Characteristics:

Roll mode dynamics in response to lateral step inputs were
stable even with SAS-OFF although some sideslip oscillation
was observed. A lightly damped dutch roll mode, however, was
very apparent during the response to step pedal inputs. An
assessment was made of its frequency and damping and the
results are presented in Fiqure 99 for speeds from 80 to 150
knots. The data verify that the dutch roll mode is adequately

damped and is excited only by sharp pedal or lateral control
step inputs.

SAf, Hardover and SAS-OFF:

Single-channel single and dual axis SAS hardovers were evalua-
ted at level fiight airspeeds up to V... Aircraft response to
all simulated SAS failure conditions «as sufficiently mild to
allow the hardover to be maintaned for 4 to 6 seconds without
corrective pilot action. Time histories of a forward/left
dual-axis hardover are shown in Figure 100. Full SAS-OFF
flight was evaluated over the entire airspeed envelope, in-
cluding aft longitudinal, left lateral, and up-collective step
inputs up to 120 knots airspeed. Time responses of a typical
SAS-OFF control step are presented in Figure 101.

MAGINARY 2ART
wn~RAD SEC
s;

L~ F ~ 8785 WiN -39

— ﬁL‘ —|

i
©

5 a 5

Figure 99. Cruise Flight Dutch Roll Mode Characteristics
(SAS On), Helicopter Configuration.
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General SAS-QFF flight characteristics are stable above about
40 knots ailrspeed. Unstable characteristics at hover and low
speed are sufficiently mild so that they are easily controlled
without excessive pilot effort. With SAS-OFF at 100 knots low
altitude level flight 1in moderately heavy turbulence, the
aircraft tends to deviate in a low frequency manner about the
trim attitudes. Pilots report that this turbulence-flight
motlion 1s relatively comfortable and significantly better than
the tighter, higher freguency response of the aircraft with
SAS~0ON.

Simulated Engine Failure:

Single~engine failures were simulated at level flight air-
speeds of 100, 140 and 150 knots followed by a recovery to
full power. In all cases, aircraft reaction to the single-
engine cut was mild and required little or no pilot response
effort. Recovery from the engine cuts disturbed the aircraft
mildly, mostly as a result of engine speed governor oscilla-
tions as the engine was brought back on line. No significant
pilot effort was involved 1in either procedure. Time responses
of an engine cut at 150 knots are shown in Figure 102.

STRUCTURAL RESULTS

The helicopter mode flight test program of the XH-59A can be
divided intoc two main sections: (1) helicopter low-speed
flight and maneuverability, and (2) helicopter high-speed 20
flight. The 1low-speed flight and maneuverability did not
produce rotor or airframe stress levels close to the endurance
limits; therefore a structural presentation is not included in
this report. The only area of structural significance in yard
work was the master stress gage at the base of the upper rotor
shaft. This location was sensitive to toctal rotor pitch or
roll moment and could exceed the endurance limit if too much
L longitudinal cyclic was used in ground taxi or if rapid longi-
! 3 tudinal cyclic excursion occurred such as a rapid takeoft or
- longitudinal reversals in a hcver. Data for the high-speed
helicopter is presented in the following sections. Data are
presented for the master parameters on the rotor and airframe.
The blade bending moment at the 10 percent radius location was
monlitored to protect the inboard blade spar, the rotor hub and
the blade spindle attachment area. These loads were primarily
due tc i1nterrotor rolling moments. Upper rotor shaft bending
moment was used as a backup paramester for the blades inboard
bending locations as well as a secondary method for monitoring
rotor tip clearance. As mentioned pieviously, the master
| stress location at the bottom of the shaft was primarily
e sensitive to total rotor pitch or roll mdment. The upper and
i ] lower rotor pushrod lonads indicate the trends and magnitude of

the rotor control loads. Rotor tip clearance was a primary
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safety-of-flight parameter to prevent rotor blade intersec-
tion. The master tailcone/fuselage stress and the master
stabilizer attachment stress are presented to represent the
XH-59A airframe. These locations were the critical stress
locations known at that time. In all cases the master struc-
tural data locations resulted from structural surveys of the
roter and airframe and from rotor fatique test and analysis

Effect of Rotor Speed

Figure 103 presents the effect of rotor speed on the rotor
loads and airframe stress. Varying rotor speed within the
range shown did not significantly affect the rotor loads
except for the stress at the upper rotor shaft. The stress at
that location increased with increasing rotor speed at 130
knots. This gace was sensitive to changes in rotor pitching
moment. A review of the handling qualities data showed the
longitudinal cvclic stick moved aft as rotor speed increased,
indicating a change in rotor pitching moment. This character-
istic it seer again in the Auxiliary Propulsion Section of
this report. Figure 103 also indicates that the airframe
stress was not significantly affected by changes 1in rotor
speed.

Effect of Differential Longitudinal Control (Ai)

Changes in differential longitudinal control had no signifi-
cant effect on the rotor l~ads or airframe stress (Figure
104). The predominant rotor loads resulted from the inter-
rotor rolling moments, i.e., advancing and retreating blade
azimuths. Therefore, small changes in the longitudinal axis
had no significant structural effect. Differential longi-
tudinal control primarily affected cockpit vibration and
handling qualities.

Effect of Differential Lateral Control (Bi)

Figure 105 shows the effect of B! on the rotor and airframe
with all cther differential cont%ols fixed. The data show
that, if B! rerained constant at the low value of .06 degree,
endurance 1imits of the rotor system would be reached at a
relatively low alrspeed of approximately 120 knots and votor
tip clearance would be reduced below .atfe separation.
Increasing B! reduced the rotor stress by decreasing Lblade
pitch on the  advancing side and increasing pitch on the re-
treating side of each rotor. This effectively reduced the
roll moment on each rotor end opened the tip clearance.
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Although differential lateral control is effective in con-
trolling interrotor roll moments and ths resulting rotor tip
clearance and associated rotor loads and stresses, rotor
control phase angle was found to be more effective. The
effects of rotcr control phase angle are discussed later in
this section.

Effect of Differential Collective Control (Aet)

A positive increase in A8, increased the collective pitch on
the upper reotor and decEeased the lower rotor collective
pitch. Figure 106 demonstrates that changes in 4@, had very
little effect in the vibratory (cyclic) loads in the rotor and
airframe. However, a positive increase in A8, did increase
rotor tip clearance. This was the result of Encreasing the
steady bending on the upper rotor and decreasing the steady
bending slightly on the lower rotor. This same effect was
evident in the auxiliary propulsion configuration.

Effect of Control Phase Angle (I')

Control phase angle {(I') inputs to the rotor were made via
secondary (analog) swashplates as described in the Flight
Control Description section. The effect of varying I' at a
fixed cyclic position is the same as varying differential
lateral and longitudinal controls, where increasing ' in-
creases the differential 1lateral contribution and decreases
the differential 1longitudinal contribution. This effect
provided similar control of rotor loads and stresses as can be
seen oy comparing data presented in Figure 105 (Bi effect)
versus Fiqgure 107 ( T effect).

It was obvious that either differential lateral (B!) or con-
trol phase angle (I') variations, as a function of” airspeed,
can be used to effectively control rotor loads and stresses in
trimmed flight. The choice of B! or I' is of ccncern only in
maneuvers. The use of control ph&se angle (T') varlations as a
function of airspeed was beneficial during maneuvering flight
where the effect of rotor gyroscopics on rotor tip clearance
was dramaticsally better using rotor control phase (I') than B!
The results of maneuver testing in the pure helicopter cofi-
figuration are presented elsewhere in this section.

The data presented in Figure 108 show the final cockpit con-
trol schedule used for flight to maximum airspeed.
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Rotor Tip Separation - Trim Level Flight

Figure 109 presents correlation of rotor vibratory loads with
tip clearance. The data shows a strong relationship of blade
bending and shaft bending with tip clearance. As the rotor
tips closed, the blade and shaft bending increased. However,
the stress at the base of the upper shaft had no correlation
with tip clearance since this location is sensitive primarily
to total rotor pitch and roll moment. The minimum rotor tip
clearance occurred on the left side of the aircraft where the
upper rotor retreating blade 1s relatively unloaded and the
lower rotor advancing blade is carrying high 1lift.

The rotor pushrods had a correlation with tip clearance. The
pushrod loads were primarily a function of the blade pitching
moment with blade bending providing a minor contribution to
the load. Reviewing the Figure 109 data indicates that by
keeping the rotor tip clearance above 13 inches, the endurance
values of the rotor system were not exceeded in trimmed
flight.

Structural Limitatons on Climb and Descent

Trim flight characteristics in climbing and descending flight
were evaluated throughout the airspeed envelope. Figure 110
shows the boundaries established for the flight program. No
structural 1limits were encountered during climbing flight.
The climb limits were a function of rotor transmission torque
only. Descending flight encountered two limits. The first
limit was general aircraft roughness at airspeeds below 60
knots and 1is typical of all rotorcraft. The second limit was
established by upper rotor shaft stress. The high stress is
at the lower end of the upper rotor shaft adjacent to the
bearing between the upper rotor shaft and the lower end of the
lower rotor shaft. In this position the measurement responds
to rotor system total pitch and roll moments. At high rates
of descent the airloads on the horizontal stabilizer develop
aircraft pitching moments that must be balanced by rotor
pitching moments. These pitching moments caused high stress
in the upper rotor shaft and limited the maximum rate of
descent.

The shaft stress 1limits presented in Figure 110 are more
restrictive than tested. For the pure helicopter testing, the
upper rotor shaft master stress location endurance limit (Ew)
was 23,100 psi. Prior to the start of the auxiliary propul-
sion configuration test program, the limit was reduced to
16,600 psi corresponding to a revised procedure regarding
establishment of analytical endurance values. The information
in Figure 110 has been adjusted to the new endurance limit for
data continuity between aircraft configurations.
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The stabilizer-induced envelope limits on descending flight
could be reduced by either reducing the stabilizer area oOr
coupling the elevator with the coliective contrel. Reduction
of stabilizer area was simulated by flight testing with the
elevator removed. Data simulating elevator/collective coup-
ling was extracted from previous flights with wvariations 1in
fixed elevator setting. The decision was made to couple the
elevator to the collective control as the means of reducing
the stabilizer-induced envelope limits. The chosen elevator
gain with collective was established as 13.9 degrees trailing-
edge-up at low collective, varying linearly with collective %o
7 degrees trailing-edge-down at high collective. The descend-
ing flight limit reduction obtained both with elevator removed
and with elevator coupled to the collective is also presented
in Fiqure 110. Actual test data was obtained at substantial-
ly higher rates of descent at the higher airspee¢ with the
pure helicopter test program endurance values.

The data presented in Figure 111 illustrates the effect of the
three elevator configurations on the upper rotor shaft stress
{master gage location) versus airspeed for trim level flight.
As may be expected, there is little difference in the lower
airspeed range. At the higher airspeeds the data reflects the
variation in total rotor pitching moment for the three con-
figurations. The upper rotor shaft stress remained well
within the revised endurance limits for all elevator con-
figurations.
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Altitude

Figure 112 presents a comparison of the rotor lcads and air-
frame stress at 3000 and 10,000 foot density altitude at the

same gross weight. Figure 112 shows increased vibratory
moments on the blades and rotor shaft at 10,000 foot Hd for
the same calibrated airspeed. However, if the airspeeds are

converted to true airspeed, the vibratcry moment at altitude
at the hijher speed was slightly less than at sea level. The
vibratory stress at the base of the shaft was not significant-
ly affected by altitude. The control loads and rotor tip
clearance had the same trend as blade bending. Airframe
stress was increased slightly at the lower airspeeds at alti-
tude, but was virtually unchanged at calibrated airspeeds
above 100 knots.

Effect of Load Factor

Rotor blade tip separation as a function of Iioad factor,

airspeed and altitude is presented in Figure 113. These data
show an apparent anomaly; since tip separation decreases with
pesitive load factor at the higher airspeed as anticipated,

but at low speed (80 knots) and negative 1load factor, the

trend is reversed. This characteristic results from tiie high
pitch rates required at lower speed to generate normal

acceleration which in turn produces high gyroscopic precession
forces. These forces act to separate the rotor in the critical
guadrant between 225 and 315 degrees. As speed was increased,

the required pitch rate decreased thereby reducing precession

forces. At sea level the maximum load factor was limited by

the basic static design strength of the airframe. At high
altitude, however, the rotor showed evidence of stall at

approximately 1.7 g's at the flight weight as shown by the

reduction in tip separation and the characteristic waveform of

special "hot film" gages installed on the top surface of one

blade of each rotor to detect stall. In this condition the

aircraft exhibited no adverse characteristic and all rotor

component loacds and stresses were acceptatle.

High-Speed Dive Flight

Two flights were conducted to investigate general aircraft
characteristics during high-speed dives from altitudes at or
above 10,000 feet. Two different rotor trim techniques were
evaluated. The first trim technigue involwved establishing
trim at 12,000 feet and holding colliective fixed during the
pushover and subsequent incremental 1increased speed trim
pcints. This testing was conducted from 100~ and 125-knot
level flight trim speeds. The second trim technigue involved
establishing a trim at 14,000 feet and lowering the collective
during the pushover and subseguent incremental increased speed
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Figure 113. Rotor Tip Clearance Versus Load
Factor, Helicopter Configuration.

trim points. Two lower collective settings, 50 percent and 35
percent, were evaluated. This testing was conducted to evalu-
ate the effect of anticipated lower collective settings
required for flight testing in the auxiliary propulsion con-
figuration.

Data for the first set of dive trim points is presented in
Figure 114. The maximum airspeed was 186 KTAS at 9200-feet
density altitude. With the exception of exceeding the upper
rotor shaft endurance limit when diving from the initial
100-knot trim point, no adverse aircraft characteristics were
observed. The difference observed in the upper rotor shaft
stress between the 100- and 125-knot trim dives is attributed
to the difference in initial cellective settings for the two

trim points. With the lower collective setting (100-knot
trim), additional positive rotor angle-of-attack was required
to maintain 1lift. The additional rotor angle of attack

resulted in larger rotor nose-up pitch moment for trim and a
larger upper rotor shaft stress magnitude which is directly
responsive to total rotor pitch and roll moments.
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Data for the second set of dive trim points is presented 1in

Figure 115. As anticipated, the upper rotor shaft stress
problem was amplified with the lower collective settings, as
can be seen by comparing Figure 114 with 115. Analvsis of

this data <confirmed that the helicopter configuration hori-
zontal stabilizer angle of incidence of 10 degrees trailing-
edge-down was improper for the anticipated rotoyr trim condi-
tions required for the auxiliary propulsion test program.
Further analysis ultimately established a horizontal
stabilizer angle of incidence of 5 degrees trailing-edge- 1D
for the auxiliary propulsion configuration.

An additional auxiliary propulsion simulation rotor trim
condition was evaluated during the second set of dive trim
peints. A rotor control phase angle (') of 68 degrees and
differential lateral control (B!) setting of 0 degree, con-
sistent with high-speed pure heiicopter flight, was used for
the dive trim points of Figure 114. It was anticipated that
a 1 of 40 degrees would be required for auxiliary propulsion

testing. The second set of dive points were conducted with
a ' of 38 degrees and a B! of 0 degree to evaluate this condi-
tion. This trim confiduration resulted 1in substantially

larger upper and lower rotor blade moments; compare Figure 114
with Figure 115. These loads resulted from excessive outboard
migration c¢f the lift vector and the resultant large inter-
rotor roll moments. It was evident from this testing that
either a different ' setting or the use cof B! to control the
lift offset migration would be necessary for QUXiliary propul-
sion testing. After further analysis, differential 1lateral
control (Bi) was selected for auxiliary propulsion testing.

Effects of Roll Rate

Two methods of rotor trim were employed during the roll rate
test evaluations. The first method used fixed rotor control
phasing (I') and employed differential lateral control (B!) to
contrnl rotor 1lift offset. The second method used var}able
rotor control phasing to control :iotor lift offset, and the
differential lateral control was fixed at zero degree. A
suimary of tip clearance versus roll rate for beth rotor trim
configurations is presented in Figure 116.

The data summary for fixed rotor control phasing and variable
differential lateral control is presented in Figure 116A. It
may be noted for this rotor trim configuraton that there are
two apparent discrepancies. First is the difference between
tip clearance at 80 and 120 knots for zero roll rate. This
difference is a function of airspeed and the differential
lateral control (Bi) schedule established to control 1lift

190

-
-

S B e A S A T A TG L L oS e DR o S5




C COLLECTIVE s50°. © ag” 8,1 o°
Z COLLECTIVE - 50°, I' a¢® 8,' o°
SHADED POINTS DENCTE TR!M J
" 20000 - T —
=2 fad Wy :
g T < _— _ =
== 15000 == - ]
$73 itz | =%
22 10000 S -2
S o2 :
Iz - T e
x5 L 5000 z Z
i = = L [
TS - E g :
T4 v} ol ——
40000 T i
35900 - 4
o {
— 30000 7 — — '
w - 3
p W
T ¢ 25000 | z 2 - :
< - T
5z g8 3
24¢ 20000 o S
>3 o Ew ‘
22 e Al et 7/ et
= 2 i o
55 | SR |
&=z 10000 : —_— B ]
g3 ! ;7
- / ,
5006 1 .
1T
C - dm. i
i
z 300 [ b4 '
3 2
2 60C e
4 Ew 2477 r .
(@] W. | =] ¢
52 e ' E
- ! : Zz
= A 200 S — o=
3 D £5
ox ! i <z ! i
0 A I
60 100 140 180 60 100 140 180
CALIBRATED AIRSPEED - KN CALIBRATED AIRSPEED — KN

Figure 115. Dive Flighl Structural Data - Auxiliary
Propulsion Simulation - 14,000 Feet,
Helicopter Configuration.

191




A

26
t
24! -— - — e - = i —— —— —— e
—lx ‘or= 30
.. . VARIABLE B,’
2 R e o
I o 4‘\\\
S 20 &E’i_§1j SO
z
g
w
-
QO 16—
1=
= /
a
S ! ROTOR  COMPONENT LOAD STRESS ENDUHANC LIMITS
— - N Sma S s seE) SIS IR SEen ) GEE W) WU Sl TR =y — o K
g 12 r—-—— — M e — . . S — =
TEST PROGRAM TIP CLEARANCE LIMLT
10 +— T
u l l Lo
8 | ; A N F ol
60 40 20 4] 20 40 €0
LT RT
B
26 T .
VARIABL‘E Fo
9 _ =, FIXEDB=0
» mxnrw°;/)7 “\\&
g' 22 . AN
{ ;‘-—_\
W20 .
' ; 2 ‘a//f/VQOKNTeo° -—‘“‘\
o« 18 . —
< -
wd
-
o 16 - -
&
-
14 ]
=] ROTOR COMPONENT LOAD STRESS ENDURANCE LIMITS |
- S map it S WD S ek R S Gl TS W e e e SN e e S —
g 17 5 o o i v — . — o S S S —— oy .
TEST PROGRAM TIP CLEARANCE LIMlT
10 —
Lop o ! : !
5 N N _
680 40 2 0 20 40 60
LT 0 RT
ROLL RATE ~ DEG . SEC .

Figure 116. Effect of Roll Rate on Rotor Tip Separa-
tion and Rotor Loads and Stresses,
Helicopter Configuration.

192




v T s e er— — e

offset and the resultant rotor loads and stresses. Second 1s
an apparent discrepancy 1in initial tip clearance as a function

! of roll direction. This i1s due to three major items: (1) the

. location of the minimum tip clearance in rotor azimuth as
determined by airspeed and rotor trim settings, 1i.e., Ai, B!,
and I"'8,; (2) rotor precession caused by the roll La{e
generatgd; and (3) the introduction of A! through the control
phase angle with the applicaton of lateral control.

The data summary for variable rotor control phasing and fixed
differential lateral contrel 1is presented in Figure 116B.
This data shows the same apparent discrepancies as the data
with fixed rotor control phase (I') and variable differential
lateral control (B! )except that there is substantially larger
difference 1in tip £1earance at 80 and 120 knots for zero roll
rate. This is the result of using a rotor control phase angle
schedule to control 1ift offset and the resultant rotor loads
and stresses.

The largest difference between the two rotor trim configura-
tions is the strong effect higher rotor contrcl phase angles
(I') have on reducing the rate of tip cliosure with roll rate.
Introducing lateral cyclic through I' also introduces a differ-

" ential longitudinal control (A!). As the I' angle is increased
the differential longitudinal Control effect becomes stronger.
In the case of roll rate maneuvers, the A! component is com-
pensating in terms of tip closure and redﬁcing the delta tip
closure with roll rate.

As noted from the data presented in Figure 109, 13 inches of
rotor tip clearance represented a nominal separation above
which the rotor system component loads and stresses remained
below endurance (Ew) values. A review of the data of Figure
116 shows that rotor loads and stresses did not inhikit the
roll rate maneuvers.

Both control configurations are feasible and selection of one

or the other would be dictated by specific desigh mission
requirements.
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Summary of Helicopter Structural Results

1.

Changes in rotor speed between 96 and 104 percent N
did not affect the rotor lcads or airframe stres§
except for the stress at the base of the upper
shaft. This stress increased with increasing rotor
speed at 130 knots due to changecs in rotor pitching
moment.

Differential 1longitudinal control did not affect
rotor loads or airframe stress.

Differential 1lateral control scheduling with air-
speed effectively controlled rotor loads and rotor
tip clearance.

Control phase angle scheduling with airspeed
effectively controlled rotor lcads and tip
clearance. It also maintained greater tip
separation in 1roll reversals than differential
lateral control.

Differential collective pitch did not significantiy
affect rotor 1loads or airframe stress. However,
increasing differential collective pitch increased
rotor tip separation.

Mzintaining rotor tip clearance above 13 inches in
trim flight resulted in rotor Jloads below the
endurance limits.

Partial power descents and autorotation were limited
by the stress at the base of the upper shaft result-
ing from the increased pitching moment. Elevator
coliective coupling increased the autorotation speed
by 15 knots.

Increasing density altitude increased the rotor
loads and decreased rotor tip clearaace for a given
calibrated airspeed. However, the stress at the
base of the upper shaft was not affected by
altitude.

High-speed dives at altitude indicated that at the
reduced collective settings simulating the auxiliary
propuision configuration, the =stablizer incidence
must be changed to reduce the stress at the base of
the upper shaft.




DYNAMICS

Aircraft Aercelastic Stability

The rotor system was demonstrated to be aerocelastically stable
up to 156 KTAS 1level flight and throughout the flight
envelope, including dive speeds to 186 KTAS and full auto-
rotative descents up to 3500 feet per minute. The rotor was
excited to check edgewise damping during envelcpe expansion by
pilot inputting longitudinal cyclic stick pulses. The only
significant mode of rotor response was a regressive inplane
blade mode of each rotor at a frequency of 1.4P 1in the
rotating system. This wmode was unchanged throughout the
flight envelore and involves almost pure edgewise response; no
significant coupling exists between the edgewlise and either
blade flatwise bending, blade torsion, or airfrane/ control
system response.

Rotor system modal damping levels in level flight were shown
to be well above the 0.5 percent critical inherent structural
damping measured 1in the blades. Damping varied from 2.%
percent critical in hover to a minimum of 1.0 percent at 80
knots and again increased to 2.5 percent at high speeds. The
variation of the regressive mode stability with airspeed is
shown in Figure 117.

Minimum rotor damping levels were experienced at high rates of
descent, but still were above the level of edgewise structural
damping inherent in the blade. In full autorotation at 80
knots, 2400 feet-per-minute descent, minimal wmodal damping of
1.2 percent to 0.5 percent critical were encountered. This
trend of damping in descents shown in Figure 118 was expected
at high inflow angles where the change in induced drag acting
in phase with the edgewise velocity in descent *tends to reduce
the net aerodynamic damping as shown in Figure 119.

Since the rctor 1s relatively stiff in torsion, with a blade
torsional natural frequency near 11 to 12P at 100 percent rpm,
classical blade flutter is precluded from airspeeds below 400
knots. In fact, flight results showed no indication of this
phenomenon thraughout the flight envelope. Stall flutter,
usually evidenced by a sharp buildup of control loads with
airspeed or load factor, was not evident in the XH-5%A hel1i-
copter mode testing. This 1s due to the high torsional
natural frequency which results in small coupling motions 1into
the flatwise direction.
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There were no indications of surface flutter of either the
horizontal stabilizer or vertical stabilizer throughout the

helicopter flight testing. Predictions had shown flutter
speeds for these surfaces in excess of 600 knots with the
controls (rudder and elevator) locked. with the rudder

active, however, a lower flutter speed was predicted unless 1t
was mass balanced. This mass balance was done for the rudders
on the XH-59A. Weight was added to the leading edge to attaan
a 75 in.-1b overbalance. This precluded surface flutter to
well over 400 knots with the rudder active. The elevator was
flown 1in a locked-out fixed position or driven through an
irreversible hydraulic actuator located at the tail so that
surface flutter for the horizontal stabilizer was not an
issue.

Ailrframe Vibration

Cockpit vibratory response was monitored throughout the test
program and agreed generally with trends predicted by analy-
sis. The predominant cockpit response for a 90 degree cross-
over, 3P pilot lateral, increased sharply above 100 knots 1in
airspeed as shown in Figure 120. The rotors were phased to
cancel 3P pitching moment, vertical and longitudinal shear
forces and therefore added in the 3P yaw, roll and lateral
directions, This accounts for the low 3P longitudinal and
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high 3P lateral response shown 1in Figure 120. The rise 1n
cockpit 3P vertical at higbh speeds is not caused by higher
rotor head verticali excitation but by a cockpit vertical
cumponent resulting from increased rotor heac roll moment
excitation.

The 3P hub roll moment generated primarily by 2P flatwise
blade bending is the prime cause for the rise in cockpit 3P
lateral vibration as shown by Figure 121. BRlade root bending
moments were harmonically analyzed (shown in Figure 122 versus
airspeed) and resolved into nonrotating coordinates to calcu-
late the hub 3P roll and pitch mom=2nt trends. The 2P blade
flatwise and edgewlse bending components were the dominant
contributors to 3P hub roll and correlate with the rise 1in
cockpit 3F lateral response as shown in Figure 121. In
general, this correlation between 3P roli moment and 3P
cockpit lateral/roll wvibration held firm throuchout the
testing.

The aircraft design has provisions to install a wibration
control system that would 1isolate the airframe from this
roll/lateral excitation through the use of elastomeric trans-
mission mounts. Such a cystem was fabricated, but :initial
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Figure 121. Correlation of Cockpit Lateral Vibration

with Roll Moment, Helicopter Configuration.

flight tests to 100 knots 1indicated that it might not be
required. Alternatively, attention was given to other means
of vibration control such as control system changes allowed by
the coaxial rotor system of the ABC and a fixed system
absorber.

Parametric variation of the differential contrels indicated
that aircraft vibration could be reduced. Over the small
range of I' tested, a reduction in T at 120 and 130 knot speed
results in a reduction in pilot lateral 3P vibration, as shown
in Figure 123. As I is decreased, the 3P roll moment is
reduced due to a sharr decline in lower rotor 2P vertical
airloads as shown in Figure 124. The use of this control was
limited by shaft bending and blade tip clearance considera-
tions, since decreasing moves tre advancing blade center of
lift further out on the blade span.

Figure 125 shows a reduction in 3P roll moment and pilot
lateral vibration as differential 1longitudinal cyclic pitch
(A1) 1s varied. Further examination of pilot 3P lateral
%ponse in Figure 125 shows that the total vibration is due
both to roll and pure lateral motion at the pilot seat. As A'
is decreased, the lateral component, out of phase with roll
actually increases due to increased 2P blade edgewise bending
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loads. As shown in Figure 126 this results in cancellation
and reduced net 3P lateral vibration at the pilot seat. While
these control investigations were interesting, no combinaticn
was found which could reduce the vibration at high speed.

The installation of a 62-1b dynamic mass fixed system lateral
absorber located on the cabin fleoor 40 inches aft of the
cockpit contributed the most to reducing high-speed 3P pilot
lateral vibration. With this arrangement an approximate 27
percent to 45 percent reduction in cockpit vertical and 33
percent reduction in pilot lateral response were c¢btained as
shown in Figure 127. Inspection of the 3P lateral airframe
response shape 1n Figure 128 shows that the most effective
locatien for the absorber is as far out toward the nose as
possible. The absorber tested had to be located in a much
less than optimum position due to space, slightly forward of

" an airframe node. The improvements in vibration gained with

*1 - this compromise location suggest that proper placement of the

: ' absorber could significantly improve pilot 3P vibration but
this local improvement may come at the expense of increased
loads and vibrations elsewhere in the vehicle.

|
A

S e T

Figure 123. Increasing Rotor Lift Cffset (Decreasing I')
Reduced High-Speed Pilet Lateral Vibration,
Helicopter Configuration.
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AUXILIARY PROPULSION TEST RESULTS

FLIGHT ENVELOFE

The auxiliary propulsion envelope, 1like the helicopter
envelope, was expanded in 20-knot increments. In addition,
sideward and rearward envelopes were established to provide a
safe operational envelope. Maximum speeds achieved in each
axis are shown in Table 13.

TABLE 13. AUXILIARY PROPULSION SPEED ENVELOPE.

True Airspeed

Regime (knots) Limit
Forward Flight 204 Airframe loads and
90-Degree Crossover stresses
-Nominal 3000 ft
Forward Flight 238 {Absolute limit not
0=-Degree Crossover achieved within the
- Nominal 3,000 ft scope of this
effort)
Sideward Flight - Right 20 10% Control Margin
- Left 20 10% control Margin
Rearward Flight 20 Control Margin

The demonstrated XH-59 1lift capability is shown in the 1load
factor envelope (Figure 129) for this configuration. This
figure presents the actual rotor 1lift developed in trim and
maneuvering flight and relates it to the auxiliary propulsion
design gross weight of 11,100 1lb in terms of load factor.

The maximum nondimensional blade loadings (C,/¢) developed
throughout the flight envelope is presented fh Figure 130.

Both Figqures 129 and 130 show the maximum trim and maneuver
conditions attainable due to airframe structural restraints.

The range of density altitude covered in the envelope expan-
sion is shown in Figure 131,

Sideslip and bank angle envelopes are presented in Figures 132
and 133.

The rotor speed ranges that were investigated with power on
the rotor and in trimmed autorotational flight (autogyro) are
shown in Figure 134.

205




25000
20r =5 No
20000 i .
‘ “\\AUXIUAHY
S F N PROPULSION
15000
ROTOR - —=y] HELICOPTER
1.0 & THRUST Ot e D el O -
Lg 10000 F—
-,
. }—’ \
05 5000 3
“ D=3 P
- 0 Y
LOAD FACTOR ~ @'s 0 50 100 150 200 250
11,100 LB

TRUE AIRSPEED~KN

Figure 129. Rotor Thrust Capability Demonstrated.

20 y
[ ]
[ J
.
-
. Q
2 * R d
= .10
Q ? _‘p.ﬂ——
o TRIM
.MATEUVER ,
1
o | J
1 2 3 4 5 6 i

ADVANCE RATIO ~

Figure 130. Maximum Nondimensional Blade
Loading Demonstrated.

206

GRS MU 5 el I 22 S e A AR R TR S R e

~y

s Fett-plagreii i S, =y v




T U0Y ROTOR CROSSUN EH
5o~ 09 ROTOR CROSSOVER

1 B L
5 B .. . L B
. N 5‘}_ I SN
ISR SR ’-'*ih-gci t N t i . e A
- { . : J
4 R PO .o ..
!; ! FI‘/i 'J\[s:\:
- ] RN i .
= ‘i t RV ﬂ
[ 3 * - - o) i =
ey h,&} R \‘f .
(A \" o % . "1:
| I N R R
3 =N Loy ke T
1 g .. : (1$ . s
= i
lé t o . et .
LSR "
1 ) i
- - e B + + +
B ; l i
0 . . I H - - ! F R
i i
A i1 ST S B N |
0 100 200 300

CALIBRATLD AIRSPEED ~ KN

Figure 131. Altitude Envelope, Aux
Propulsion Configquration.

O ~ g0% ROTCR CROSSOVER

RT A ~ (°ROTOR CROSSOVER
20 T
=T
- | ! J
15 r | “PEDAL FORCE
PEERTYIL S
Y AL
.
S Sr e
& i ' H :
28 0¢ 1 T
B0 i ! i
a 5 Fo—t —t- 1 — .
@ ! - J : ! : :
-0 b+ - B —+
? Do
-15 + — +4- - f + N
‘ .
} . i i
~20 ? l | 4
T 4

0 20 40 60 80 100 120 140 160 180 200 220 240 260 2780 300
CALIBRATED AIRSPEED ~ KN

Figure 132. Sideslip Envelope, Aux
Propulsion Configuration.

207




~ TURNS. 90° ROTOR CROSSOVE R
VIAKUEVER 90" 1QTOR CROSSLVER
TURNS. 00 RCTOR CAQSSOVER
~ MANEUVER, (X ROTOR CROSSCVEER

14

<pb oo
i

60 —q T
RT ......Q.4b:&:..
B d @A A
a0 d"paa‘,
. b 80, .abd
0008 a
2 ;-O-G S,
i : O
z2u
3 o pb— —
2
-3

zu...,.o.afg..i..
P O.AQ,&

o ©F % ok A; I
_a0 . DT I e
o Da ©
o g o] + . . . -
0 : i .

0 20 40 &0 80 100 120 140 160 180 200 220 240 260 280 300
CALIBRATED AIRSPEED ~ KN

Figure 133. Bank Angle Envelope, Aux
Propulsion Configuration.

O ~ TRiM_ 90° ROTOR CROSS0 ER

O ~ MaNEUVER 90" ROTOR CROSEOVER
A ™ TR 0° ROTOR CROSSOVE R

Q ~ MANEUVER 0P ROTOR CROSSCLER

:

z
W S

s & %
o f et I
[c Y a
| = L T — o
0 b . _eoBBa
e O
6 - d |
0 100 200 Ll

CALIBRATED AIRSPEFD ~ a N

Figure 134. Level Flight Rotor Speed Envelope,
Aux Propulsion Configuration.

208




PERFORMANCE

In the auxiliary propulsion configuration, unlike the heli-

copter, no dedicated performance flights were flown. Data
from five flights were selected as representative nf aircraft
performance. However, since these flights were flown for

other purposes there are differences in control trim positions
B! and AO }, collective position and rotor speed. Varia-
t1 ns an these items have strong influence on power sharing

. between the 1lift and thrust engines. By converting thrust to

. an equivalent shaft horsepower and adding it to rotor shaft

. power, a good representation of aircraft performance could be
developed.

Figure .35 shows the total equivalent power required for levzl

flight corrected to standard sea level conditions. The

nominal referred gross weight (wW/{) for thece data is 13,300

pounds. The actual thrust and rotor horsepower (also

corrected to standard sea level conditions) for each of the

flights is presented in Figure 136. Here the wide variations

in power sharing due to differences in collective and trim
; control positions and rotor speed are evident. While these
v; power-sharing variations are significant, over the range
tested there 1is little effect on total aircraft power
required. This would indicate only small changes in aircraft
system lift/drag ratio. However, it must be ncted tha*
significant power sharing was only encountered in the low-
speed region (80 knots to 130 knots). While predicted air-
craft performance has been verified, additional mapping of
control system trim positions, collective positien, and rotor
speed is required to 7erify this trend at higher speeds and tc
determine the cptimum trim for the oest aircraft system L/D.

Shown also in Figures 135 and 136 is the 1impact of the
installed instrumentation. The dashed 1ines indiceste the
power and thrust reqguired without test instrumentation.

Over the range investigated there were no discernable effects
on power required due to changes in rotor speed, differential
lateral cyclic, or collective position. Figure 137 shows the
effect of rotor speed and differential lateral cyclic at a
corrected airspeed of 160 knots and Figure 138 shows the
effect of collective position at a corrected airspeed of 230
knots.
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HANDLING QUALITIES

Flight testing of the auxiliary propulsion configuration was

conducted in three basic segments. Tach test segment was
formulated to evaluate specific characteristics and procedures
necessiry for progression to the next segment. Particular

attention was directed toward flight safety aspects including
stability, controllability and engine loss tolerance and
procedures. The first segment was rotor-propelled flighti{ with
auxiliary Jets installed, but cold. The purpose was to estab-
lish a jet's inoperative flight envelope. This increased the
auxiliary propulsion endurance by rermitting the jets to be
shut down after data collection was complete. The second
segment was runway takeoff and landing tests using auxiliary
thrust to establish a critical decision point, rejected take-
off procedures and controllability envelope for one engine
inoperable (OEI) flight capabilitv. The third segment, auxil-
iary propulsion airspeed and maneuver envelope expansion, was
conducted using two different upper to lower rotor rotetiocnal
phasings. The first was with the rotors indexed for a 90-
degree crossover 1in which the upper and lower blades are
coincident alternately on the right and left side of the
aircraft at three times per revolution (six total crossovers
per revolution). This rotor index configuration was flight
tested to 204 KTAS {194 KCAS). The second indexing configura-
tion tested was 0 degree crossover in which upper and lower
blades are coincident alternately over the tail and nose of
the aircraft. This 1ndex configuration was flight tested to
238 KTAS (227 KCAS). BHandling gqualities and controllability
characteristics are independent of upper to lower rotor index-
ing and are therefore presented and discussed together in this
section.

Rotor Propelled Cold Jetr Controllability

The flight testing with auxiliary jets cold was conducted at
partial fuel iocad to assure adequate hover and simulation of
test flight return at 1low fuel. Nominal gross weight was
11,500 pounds with a center of gravity 5 inches forward of the
shaft at station 295%. Longitudinal, lateral and directional
contrcl power were evaluated at hover by applying step control
inputs 1in both directions and in each axis. Presented in
Figure 139 are the control sensitivities with J-60 jets in-
stalled comparea to hover sensitivities from the pure heli-
copter OGE condition. Lateral and direcciional sensitivity are
slightly reduced because of the inertia increase resulting
from the 1laterally disposed J-60 mounting. Longitudinal
sensitivity 1s unaffected because of the J-60 mass being
disposed about the center of nravitv and thus nct materially
increasing the pitch inertia (I l.ateral and directional
control sensitivity are reduced {% percent by the addition eof
the auxiliary propulsion engines.
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Longitud:inal, lateral and directional control sensitivity to
damping watios with SAS on or off are shown in relation to VFR
and IFR criteria of MIL-H-8501A (Reference 9) in Figure 140.
Longitudinal characteristics, (a) of the figure, show the
damping-to-control sensitivity ratio to be in compliance with
the criteria for both SAS on and off. The terminal rate of
8.3 deg/sec/in. with SAS5 on is rated excellent by all pilots
who have flown the aircraft, and the relation with the minimum
VFR and IFR boundaries would suggest that this would be expect-
ad. Lateral characteristics, (b) of the figure, are also
rated exXcellent with SAS on, as would be expected by relation
to minimum VFR and IFR boundaries and the 20 deg/sec/in.
maximum terminal rate boundary. The terminal rate of 6.8
deg/sec/in. compared to the 8.2 deg/sec/in. in the longitudinal
axis provides good control harmony. The lateral character-
istics with SAS off are pilot rated as oversensitive, which
proximity to the maximum rate boundary would suggest. The
directional characteristics are shown to be marginally accept-
able with respect to control sensitivity and not acceptable
with respect to damping when compared to MIL-H-8501A criteria.
The directional control characteristics are cited by pilcts as
an enhancing characteristic of the ABC rctor system. The
directional control system also allows crosswind and tailwind

9. MIL-H-8501A, MILITARY SPECIFICATION, GENERAL REQUIREMENTS
FOR HELICOPTER FLYING AND CROUND HANDLING OQUALITIES,
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hover with only slight degradation in heading precision rela-
tive to wind on nose hover. The absence of directional instab-
1lity during crosswind and tailwind hovers, typical of tail
rctors, is the reason for the excellent ABC system relative
wind heading characteristic.

3 Trim level flight was conducted with cold jets from 20 knots
’ rearward to 80 knots forward airspeed. Controllability in
level flight at a gross weight of 11,500 pounds and center of
gravity at station 295 1s presented in Figure 141. Shown are
pitch attitude and the four control positions. Attitude data
1 . appears to be rather random. This was found to be the result
r : g of a two-degree accuracy attitude gyro instrument, and the
1 true attitude for trim is expected to be the mean of the
instrument readings shown by the curve faired through the
. data. Drag of windmilling J-60 engines and nacelles, plus the
' 4 3 five-degree leading-edge-down stabilizer incidence, causes
3 ] minimum <ollective airspeed to be about 50 knots rather than
13 1 the 70 to 80 knots experienced during the pure helicopter
¥ ' flight testing where the stabilizer was set 10-degrees leading-
= . edge-up. The additional drag and nose-up moment induced by
. the nacelles and stabilizer incidence result 1in a stable
E longitudinal control gradient with airspeed throughout the
tested speed range. Lateral cyclic control positions and
. : pedal position are relatively constant with airspeed. Small
P amounts of left lateral and right pedal were required over the
£ forward speed range. Left lateral was found to be the result
| . of a control phase delta between the rotors, with the upper
f' : having more than the lower. The right pedal that was required
over the forward speed range is the result of a noncoptimum rig
of collective between the rotors for the condition flown. The
pedal could easily have been centered using some differential
collective beep control, but was not felt to be important nor
cost effective to test at that time. The impact of the con-
_ figuration modifications, J-60 engine nacelles and stabilizer
L incidence change and thz higher gross weight and associated
. drag, was to require higher collective and power, more forward
: longitudinal control, and more nose-down attitude at 80 knots
than pure helicopter testing.

Takeoff and Landing Tests

- At the 12,500-1b gre¢ss weight of the auxliary propulsion

3 configuration, the XH-59A has insufficient shaft power to
_ : hover out of ground effect. Therefore, to provide maximum
b ; safety during testing, particularly in the event of an engine
. failure, takeoffs ard landings were accomplished using STOL
techniques. These techniques were developed in tests con-
ducted at Rentschler Field in East Hartford, Ct. on the 6700-
foot United Technologies Corporation main runway. Tests were
cenducted to identify the critical decision point during
rolling takeoff, investigate controllability following single
engine loss, establish rejected takeoff procedures and deter-
mine distance requirements. Controllability concerrnis were
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collective control setting during takeoff to accommodate a
single PT-6 loss, longitudinal cyclic control required to hold
the nose gear down during acceleration, and directional con-
trol margins for accommodating a thrust engine loss and the
J-60 power setting compatible with this requirement. .

To evaluate the above handling gqualities issues and other
considerations pertinent to structures and performance, a
progressive series of tests was conducted. Orderly increases
in speed, collective, single and dual J-60 thrust engine
power, simulated engine failures of both thrust and 1lift
systems, wheel braking and flaring decelerations and rejected
takeoffs were accomplished. The summary findings of the
runway test phase are presented in Figures 142 through 145.
The relationship between torque required by the rotor as a
function of speed and collective control setting is shown in
Figure 142. All tests were conducted with full fuel giving an
aircraft weight of 12,500 pounds and a center of gravity at
fuselage station 294, 6 inches forward of the rotor shaft.
Airspeeds on the ground were kept at 70 knots or less to
remain within landing gear design limits. Lift-off was not
attained below 50 percent collective control settings but
occurred at €0 knots at 50 percent collact.ve, 49 knots at 6C
percent collective, and 20 knots at 70 percent cocllective. A
50-percent collective, providing 60-knot 1lift-off speed,
resulted in a G50-percent rotor torque requirement. This
torque can be provided by a single PT-6 engine. Ccllective
control setting for takeoff was thus limited to 50 percent to
provide OEI 1lift engine capability at lift-off speed of 60
knots. The longitudinal cyclic controilability during ground
roll and through lift-off as a function of collective is shown
in Figure 143. Contrcl margins are not approached for any
conditions tested. The most noteworthy characteristic is the
more forward longitudinal cyclic required with higher collec-
tive settings, a common characteristic of hingeless rotors
resulting from collective to pitch coupling.

Directional controllability to counter a thrust engine failure
during takeoff was investigated by accelerating to progres-
sively higher speeds on a single J~60 thrust engine. Two J=60
power settings were used for these tests: 30 percent power
setting giving 990 pounds of thrust creating a 4373 ft-1lb vaw
moment, and 40 percent power setting giving 1320 pounds of
thrust, creating a 5830 ft-lt yaw moment. Data from these
tests are presented as pedal position for zero slip as a
function of airspeed and power setting in Figure 144. Collec-
tive was maintained at the 50 percent previously established
as providing OEI 1lift engine capability. Two significant
firdings were: (1) right and left pedals required to counter
a failure of either J-60 engine are symmetric and therefore
one thrust engine failure is not more critical than the other,
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and (2) 10 percent pedal margin or more exists at lift-off.
To accommodate transient pedal motion for an actual unannounc-
ed J-60 failure a 30-percent power setting for the J-60 thrust
engines was determined as takeoff condition. Subsequent tests
showed this to provide for transients after a failure and
still retain a 10-percent pedal margin.

Having determined collective and thrust engine power for
takeoff, 60 knots became the critical decision point at which
continaed takeoff or reject are possible. A short decelera-
tion test was conducted using rotor thrust to decelerate. The
aircraft was accelerated from a standstill with 50 percent
collective and 30 percent J-60 power, and upon reaching 60
knots, the #1 J-60 was shut down to simulate a failure. After
a 3-second delay, the #2 J-60 was shut down and the aircraft
was decelerated with a 5-degree flare. The runway distance
for each segment from brake release to stop is shewn in Figure
145. This represents the average distances measured for three
takeoffs and reject runs where total distance variation was
lese than 200 feet or about 6-percent. Takeoff was also
comp.eted following both a J-60 thrust engine and a PT-6 lift
engine siaulated failure folloved by 80-knot flight within the
airfield confines and roll-on landings. The complete proce-
dure was uneventful, straightforward and repeatable.

Auxiliary Propulsion Mode Flight Test

Stability and handling qualities of the XH-59A in the
auxiliary propulsion configuration were excellent with no
control margin limitations or unstable modes apparent. Test
planning was therefore designed to evaluate aircraft struc-
tural and vibratory characteristics during envelope expansion.
Handling qualities data presented and discussed are by-
products of envelope expansion and not results of specific
handling gqualities dedicated flights.

Controllability in Level Flight

Trim level flight was conducted from 90 knots to 227 KCAS.
Differential lateral c¢yclic input was generally increased with
airspeed to control lift migration toward the advancing side
of each rotor. The allowable range of differential lateral
cyclic at any trim airspeed was significantly expanded by
going to the O-degree crossover rotor indexing. The range
tested as a function of calibrated airspeed for ¢%-degree
crossover and O0-degree crossover indexing is preseated in
Figure 146.

Controllability in level flight from abocut 90 knots to 227
KCAS is presented in Figure 147. Attitude, angie of attack
and the four control positions are shown for both 90-degree
and O-degree crossover. The data discontinuity between the
90-degree crossover and O-degree crossover is the result of
lower collective used at O-degree crossover and a -2.8-degree
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elevator angle as against a O~degree elevator position. Angle
of attack and attitude differ for all aispeeds and is caused
by a combination of attitude gyro bias or drift and induced
flow at the angle of attack vane on the instrumentation boom.
Note that lower collective in combination with a fixed -2.8-
degree elevator angle, trailing edge down, reduces forward
longitudinal cyclic required significantly. Longitudinal
control position is stable with airspeed and lateral cyclic
ard pedal position are relatively insensitive to airspeed.

Figure 148 shows controllability in trim level flight with the

" rotor operating in autorcotation. In addition to pitch atti-
: tude and the four control positions, autorotative rotor speed
is shown. At low airspeed, the pitch attitude is high as 1is
the autorotative rotor speed, while collective ccntrol is low
to maintain autorotation ¢f the rotor. As airspeed increases,
rotor autorotative speed reduces, attitude reduces, and collec-
tive increases. Longitudinal control position moves steadily
forward on a stable trim gradient while lateral and pedal
control remain essentially constant. The O-degree crossover
index data at 160, 180 and 200 knots show higher rotor speed
and less forward cyclic with a lower collective setting. This
is caused by the trailing~edge-down elevator setting of -2.8
degrees. The elevator-induced diving moment results in an aft
cyclic. With the control phase angle of 40 degrees, the aft
cyclic creates an effective negative differenticl lateral
cyclic application in the shaft axis. The result 1is more
advancing blade pitch angle that 1s brought back down Ly a
lower <collective setting resulting in higher autorotative
rotor speed. Had a zero elevator setting been reta‘ned, the
autorotative points would have been the same as with the
90-degree crossover indexing. One conditiorn was flown with
0-degree crossover index at 180 knots prior to the elevator
change and compared well with 90-degree index data. The
demonstrated level flight capability with the rotor auto-
rotating assures fly-back capability with all 1lift engine
power lost with a stable control gradient and an adequate
rotor speed that will automatically increase as alrspeed and
collective are reduced. The low-speed attitude, although
high, is acceptable for conducting a roll-on landing.

At 80 knots calibrated airspeed and the rotor system kept 1in
autorotation at 101 percent, the aircraft was retrimmed 1in
climb and descent. These data are shown in Figure 149. Pilot
functions were collective and propulsive thrust adjustment.
Angle~of~attack changes are <consistent with collective
changes, while attitude reflects the flight path angle.
Controls are relatively constant over the 400 feet per minute
climb to 250 feet per minute descent range tested. These data
demonstrate the ability to approach, reject landing and climb
out with lift engines 1noperative, a distinct attribute of the
demonstrator aircraft.
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Figure 148. Controliability in Level Flight Auto-
rotation, Aux Propulsion Configuration.

Bank turns to the right and left were ccnducted at various
airspeeds during ervelope expansion. Piicting technique was
to trim at various bank angles helding constant colliective
position and using J-60 thrust to maintain ccnstant airspeed
and altitude use very similar to rfixed-wing technique. Con-
trollability characteristics were similar at all airspeeds
tested. Data fnr bank turns at 180 KCAS, 90-degrez Crcssover,
and 200 KCAS, O-degree crosscver are presented in Figure 150
as representative of the controilabili*y characteristics.
Ancle of attack, control positions, rotor speed and noimal
load factor are presented as a funttion of bank angle. A
number of characteristics are worthy cf comment. Longitudinal
control position demonstrates a stable maneuver posicion
gradient. Lateral control position is relatively insensitive
to bank angle, but pedal position shows some left pedal

requirement with increase 1in normal 1lo3d factor. Data
analysis of this characteristic suggest a vertical displace-
ment of the rotor wakes ot the vertical fin positions. “his

reasoning is generally substantiated by other configuration
changes that change angle of attack and show left pedal with
increase 1in angle of attack. The bank turns at 180 knots
calibrated airspeed were initiated from a levei flight trim
point where the rotor was in autorotation #t 94 percent rotor
speed. The rotor speed increases with ncrmal load factor as
torque decreases with angle of attack reaching 104 percent at
about 1.4g. The bank turns at 200 knots were initiated from a

223




;
j
f
!
i
)
d

o o |

-

w - nu B N R Y rl:..#r.xl.. !Il.Li. 4 S 7V SE—

™~

13 . r

.ﬂ g ‘7

[&]

m 888 8 % REe 88 8 8 R:te 8rg 8 9 Rho

; s

m % ~NOLIISOd TOH ENOD % ~NOIISO4 TOH LNOD % ~ NOILISYd

. TYNIAN ) IDNOT EALETR A ivaid

T

.Qm

£ - o ), G " <

m n i s L

1 NR

B.nG. - f - » -

L w

2o - e - SO S ont e I -

n:m

< # — -1 N o - ,
2T & 2 w o ®22¢ o 2 o o 8 g 8 2 R o

D30 ~ ¥IVI Y

40 119ONY

930 ~3antliiv
HOLId

% ~ NOHLISO4 TOHINOD

IAHIDTTIOD

400

-400

400

-409

RATE OF DESCENT CLIMB~ FPM

Controllability in Climb/Descent at 80 KCAS
224

Autorotation, Aux Propulsion Configuration.

Figure 149.
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Figure 150. Controllability in Constant Altitude Bank
Turns, Aux Propulsion Configuration.

low rotor torgue trim at 93 percent rotor speed. Rotor speed
does not increase with load factor as rapidly as at the 180
knot condition.

A design utilizing the same engines to provide both rotor
torque and propulison would distribute power between the rotor
and propulsion device so as to retain constant airspeed during
turns at constant engine power setting.

Flight tests were conducted in which rotor speed and differ-
ential rotor trim controls were varied at constant airspeed.
These data are presented in Figures 151 through 153. Influ-
ence of rotor speed on controllability at 160 KCAS is shown in
Figure 131. A 9-percent change in rotor speed at 16C Kknots
resulted in a 1.5 degree change in angle of attack and atti-
tude. Significantly, the control positions are independent of
rotor speed. Rotor speed can tharefore be used to optimize
vehicle performance or reduce structural resonances :'ithout
changing the system controllability. The impact of varying
differential collective trim (A@,) on aircraft characteristics
was flight tested. Cantrollabifity with A8, varied close to
30 percent (Figure 152), and demonstrated c&%trol to be rel’a-
tively constant over the A8, range. This control independence
1s important since rotor th}ust sharing and numerous vibratory
loads can be modified by Aet adjustment. The most significant
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differential rotor control parameter for influencing perform-
ance, rotating system structural loads, and fixed system
vibration is differential 1lateral cyclic (Bl)‘ Figure 153
presents contreliability data as a function of Bi for 143,
163, and 171 KCAS.

The angles of attack and attitude changes influence perform-
ance, but control posi“ions are independent of B! applied.
This is important since performance, rotor structhral loads
and airframe vibraticn are controllable without adversely
affecting control margins.
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Step control inputs were applied seguentially to longitudinal
and lateral cyclic and to the pedals to assess ABC rotor
cystem control power characteristics as a function of air-
speed. Results of these tests are presented in Figure 154 as
control sensitivities in radians per second squared per inch
control motion as a function of calibrated airspezed. Note
that longitudinal and lateral sensitivities generally increase
moderately with airspeed. Directional sensitivity, however,
initially drops off as differential collective is decoupled
from the pedals and then increase as the square of the air-
speed with rudders. The solid point at 40 knots was not
tested in the auxiliary propulsion configuration but was
extrapclated from pure Lelicopter test data by adjusting for

the Izz inertia increase.
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Static Stability

Longitudinal static stability was evaluated at two level
flight and two climb conditions. These data are presented in
Figure 155 as longitudinal control position against calibrated
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airspeed. The solid symbols denote the trim conditions from
which speed changes were initiated. Stability from level
flight at 144 knots and 183 knots was evaluated for two
different configurations. The lower speed was with 90-degree
crossover rotor indexing and a 0° elevator setting while the
higher speed was with 0° crossover rotor index and a trailing
edge down elevator setting of -2.8°. Static stability exists
at both speeds with only the initial cyclic position reflect-
ing the elevator angle difference. In climbing flight, 200
fpm at 144 knots and 1200 fpm at 120 knots, the configuration
was 90° crossover rotor index and 0° elevator angle. Both
climb conditions are statically stable to about the same
degree as level flight, approximately 0.3 percent or .04 inch
per knot.

Lateial directional static stability was tested as part of
maneuver envelope expansion testing at 100, 140 and 180 knots.
The XH-59A demonstrated stable lateral directional static
characteristics as shown by the data presented in Figure 156.
Dihedral, lateral control for sideslip, is stable and nearly
constant with airspeed. Directional stability, pedal for
sideslip, 1s stable and also nearly constant with airspeed.
Roll with sideslip slope increases with increasing airspeed
and is linear to t10 degrees of sideslip.
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Figure 155. Longitudinal Static Stability,
Aux Propulsion Configuration
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Figure 156. Lateral/Directional Static Stability,
Aux Propulsion Configuration.

Dynamic Stability

Dedicated dynamic stability flights were not flown. Assess-
mert of aircraft transients following control steps, pulses,
and doublet inputs allowed extraction of most of the dynamic
stability characteristics in the 120- to 180-knot speed range.
Longitudinal pulse and doublet inputs were made with SAS on
and off to assess phugoid characteristics where rotor speed
variations get involved during low or zero shaft torgue flight
conditions. The degree of rotor speed participation during
phugoid oscilliations 1s a function ¢f 1load factor, as
previously discussed for banked turns. The stability mode
roots for phugoid, longitudinal short period, dutch roll and
roll modes are shown in Figure 157. The migration of roots
with airspeed, as speed increases from 120 to 180 Kknots, is
also presented. The XH-59A is dynamically stable in all modes
over the demonstrated range of airspeed. Variation in
characteristics with the SAS on and off was only discernable
in the phugoid mode. The derived rate feedback SAS, pitch and
roll axis, with a 0.l-second derivation lag, had no identi-
fiable effect on the other stability modes at any airspeed
above 80 knots. The SAS was provided to improve hover and
low-speed handling qualities where the high ABC rotor system
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Figure 157. Dynamic Stability, Aux
Propulsion Configuration.

control power could possibly have resulted in pilot induced

oscillation problems. At forward airspeeds, the dynamic
stability is dominated by the damping of the horizontal and
vertical tail surfaces. Phugoid damping is increased by SAS

because of the long period and the interplay of rotor speed.
Phugoid roots are not, however, substantially changed over the
airspeed range evaluated. Spiral mode could not be identified
during any of the responses because of either a very stable
characteristic or inadequate data response duration time.

STRUCTURAL RESULTS

Auxiliary Propulsion Testing - 90-Degree Rotor Crossover

This phase of the test program was conducted through a series
of 27 flights from November 6, 1978 through May 17, 1979. The
buildup in aircraft airspeed envelope was initiated at 100
KCAS and expanded in 20-knot increments to a maximum of 195
KCAS (204 KTAS). With each 20-knot airspeed expansion the
maneuver envelop2 was expanded to the maximum permissible.
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Rotor Trim Mapping:

It became evident early in this phase of testing that adjust-
ments of the interrotor differential controls and earlier than
anticipated reduction of rotor speed were necessary to contain
rotor and airframe loads and stresses within endurance (Ew)
limits. For this reason a limited amount of rotor trim and
rotor speed mapping was included as a standard test technique
with each speed increment buildup.

The mapping presented is not complete. Rotor speed and dif-
ferential controls were varied only as required to determine a
combination to allow an incremental increase in airspeed.
Also, these maps are not pure in the strict sense of the word.
These maps are primarily influence lines; i.e., the trends of
master rotor hub stress versus differential lateral control
(B!) at 160 KCAS and at 180 KCAS may not have been flown at
th% same differential collective control (4e,). Therefore,
only a given influence line on given maps f% pure, and no
attempt should be made to cross plot among the maps.

Three control variables that have not been explored at this
time are control phase angle (1'), collective control and
elevator position.

Effects of Rotor Speed:

The graphs of Figures 158 and 159 present the effects of rotor
speed on the rotor and airframe. Note that most rotor parame-
ters (Figure 159) were inseas:tive to rotor speed. The total
stress at the upper rotor shaii (master stress location),
which was primarily affected by changes in rotor pitching
moment, shows increasing stress with increasing rotor speed.
This correlates with handling qualities data which showed
increasing nose-down pitching moment on both rotors as rotor
speed is increased.

Figure 159 presents the trends of the XH-59A airframe stress
with rotor speed. This data shows the stress in the tail cone
and the horizontal stabilizer attachment peaking at 100 to 101
percent rotor speed. However, stress at both thrust engine
attachment areas increased steadily as rotor speed was
decreased. This high stress condition was a major obstacle in
exploring rotor behavior at reduced rotor speed. This struc-
tural problem is related to the XH-59A design and not the ABC
rotor concept.
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Effects of Differential lLongitudinal Control (Ai):

Figure 160 shows the influence of differential longitudinal
cy=zlic control on the various rotor 1loads and stresses.
Increasing positive differential longitudinal contrel increas-
ed the nose-up moment on the upper rotor and decreased the
nose-up moment on the lower rotor. The net effect was opening
the tip clearance over the nose. However, the greatest por-
tion of the rotor loads were not generated with the blades at
the fore and aft azimuth positions. Therefore, as expected,
the differential longitudinal control had a very minor effect
on the rotor parameters.

The effect of differential longitudinal control on the
airframe is shown in Figure 161. The airframe was virtually
unaffected by differential longitudinal control up to 160

knots. FHowever, at 180 knots the tailcone and horizontal
stabilizer attachment had minimum stress at +8 percent
differential 1longitudinal controcl setting. The 8 percent

setting was also acceptable {or cockpit vibration and was used
for the remainder of the 90-degree crossover testing.
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Effects of Differe~tial Lateral Control (Bi):

Differential 1lateral control was chosen to control tip
clearance as a function of increasing airspeed rather than (r)
as was used for the pure helicopter testing. Increasing
differential lateral control decreases blade pitch on the
advancing side, increases blade pitch on the retreating side,
increases rotor tip separation, and reduces blade and rotor
head lcads and stresses. Shown in Figure 162 is the effect of
adjusting differential 1lateral control on rotor loads and
stresses. The data shows a strong influence on tip separa-
tion, rotor blade bending and rotor hub stresses. Control
loads were not significantly changed. However increasing
differential lateral control caused an increase in perceived
cockpit vibration, thus making it desirable t¢ maintain
minimum differential lateral control trim sufficient to con-
trol rotor loads, stresses and tip separation.

The data presented in Figure 163 show the effect of differen-

tial lateral control on master airframe loads and stresses.
It is evident that there is only a slight increase in airframe
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stress with 1ncreased control trim. This data shows that

while differential lateral contreol is very effective in con-
trolling rotor parameters, it is ineffective in controlling
alrframe stresses.

Effects o7 Differential Colleciivc Control (Aet):

Figures 164 and 165 illustrate the infliuence of differential
collective trim (19, ) between the rotors. Increasing differ-
ential collective ﬁ&im increased the collective pitch on the
upper rotor and correspondingly decreased the collective pitch
on the lower rotor. Changes in differential collective trim
produced only minor changes in rotor loads/ stresses. However,
increasing differential collective trim did increase the rotor
tip clearance by virtue of the fact that the lower rotor blade
steady bending decreased slightly. No effect was seen on the
alrframe.
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I : Rotor Tip Separation - Trim Level Flight:

Figure 166 presents +the relationship of the wvarious rotor
loads/stresses to rotor tip clearance. The data presented are
for an array of airspeeds, rotor speeds, and rotor differen-
tial control positions to trim Jleve  flight. Figure 166
demonstrates a direct relationship t .ween decreasing tip
i clearance and increasing vibratory or loads. The lone
' exception was the total stress at the ;e of the upper shaft.
This parameter is primarily affected . - rotor pitch moment.

Flight to Maximum Speed - 90-Degree Rotor (Crossover:

The maximum airspeed achieved in trim level flight was 204
KTAS. This speed was achieved aftr -ompleting each increment
of airspeed envlope expansion in co..,unction with expansion of
the aircraft maneuver envelope at a lower speed. Adjustments
of the interrotor differential controls and earlier than
anticipated reduction of rotor speed were necessary to contain
rotor and airframe loads and stresses.
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Aux Propulsion Configuration.

The data presented in Figure 167 depicts the final individual
control settings selected to provide the most acceptable rotor
and airframe loads, stresses and vibration to maximum airspeed
with 90 degree rotor crossover. This control schedule was
also tailored to reduce pilot worklocad in that three of the
five wvariables remained fixed for the entire speed range.
Differential lateral control (B!) was used to control rotor
loads, stresses, and tip separation. Rotor speed was reduced
in an attempt tc reduce airframe loads and stresses. The

add

data presented in Figure 168 shows that all rotor-related
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Figure 167. Cockpit Trim Control Schedule Versus
Airspeed, Aux Propulsion Configuration.

component master loads and stresses were contained within the
allowable 1limits. The data presented in Figure 169 shows,
however, that the master airframe stresses were running higher
than predicted even though a rotor speed reduction schedule
was foliowed. The primary cause of the airframe stress prob-
lems was the airframe response to the 3-per-revolution vibra-

tory roll and lateral i1otor forces generated with 90 degree
rotor crossover.

It was evident at this point that either some method of reduc-
ing airframe response or increasing the load-carrying cap-
ability of the c¢ritical airframe hardware was necessary to
continue airspeed envelope expansion without accumulating
excessive fatigue damage. It was then decided to reindex the
rotors to cross over at 0 degree azimuth position to change
the nature of the rotor-induced vibratory forces and moments.
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Figure 169. Airframe Structural Parameter
Variation with Airspeed, Aux
Propulsion Configuration.

Maneuvering Flight:

After each 20-knot increase 1in aircraft envelope expansion,
the maneuvering envelope was expanded at the previous air-
speed. The maneuvering envelope expansion consisted of
evaluating the effects of load factor, roll rate, sideslip,
simulated single 1lift engine power loss, simulated single and

dual thrust engine power 1loss, turn to 45 degree angle-of

bank, and simulated stability augmentation system hardovar
malfunctions. O©Of these test conditions the most significant
maneuvers were load factor, roll rate and sideslip. The
remaining maneuvering tests contained one or mcre of these
three conditions. However, in no case did they approach the
limits evaluated during these three specific test maneuver
evaluations,

Effects of Load Factor:

Presented in Figure 170 is the effect of load factor on rotor
tip clearance and rotor pushrod loads for 100, 140 and 180
knots. Rotor pushrod loads are essentially linear with load
factor and show no tendency to develop a knee in the curve due
to rotor stall as experienced with normal articulated heli-
copters. In addition, a review of the pushrod instrumentation
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data revealed no evidence of blade stall. The pushrod load
magnitude remained well within endurance 1limits through
1.8g's.

The rotor tip clearance versus load factor data shows the same
apparent discrepancy as with the pure helicopter. Tip clear-
ance at 140 and 180 knots reduces with positive load factor as
anticipated but remains constant at 100 knots. Here again, as
with the pure helicopter, the tip clearance at low speed is
more dependent on rotor gyroscopics due to the larger required
pitch rates to generate load factor. As airspeed increases, a
smaller pitch rate is required to develop the same load
factor. The minimum rotor tip clearance achieved during these
maneuvers was approximately 1% inches at 1.95g's and 180
knots. At no time did the tip clearance approach the 12=-inch
limit. All rotor component loads and stresses remained below
endurance except for load factors above 1.45g's at 180 knots.

Effects of Roll Rate:

Presented in Figure 171 is a summary of rotor tip separation
versus roll rate for two airspeeds. The difference between
tip separation at 140 and 180 knots at zero roll rate is a
function of airspeed and the differential 1lateral control
(B!) schedule established to control 1lift offset and the
reéultant rotor loads and stresses. These trim points can be
directly compared to the rotor tip separation data presented
in Fiqgure 169 for a typical set of level flight trim points.
The difference in attainable roll rate, left and right, before
tip separation reaches the established test program limit of
12 inches is due to rotor precession caused by the roll rate
generated, and the introducton of Ai through the 40-degree
control phase angle (r) with the “application of lateral
control.

Effect of Sideslip:

Sideslips, although not a classic dynamic maneuver, represent
a substantial steady-state deviation from level flight trim.
A steady-state sideslip envelope of 110 degrees was estab-
lished up through 180 knots calibrated airspeed for the
auxiliary propulsion configuration.

The data presented in Figure 172 depicts typical rotor loads
and stresses for sideslip conditions at 180 knots. The angle
of attack data presented shows that the aircraft exhibits a
slightly nonsymmetric angle of attack versus sideslip
characteristic which is also reflected in some >f the rotor
system loads and stresses. The upper shaft master stress
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measurement, which is predominantly responsive t¢ rotor pitch-
ing moment, exhibits the largest change 1in magnitude,
responding to the variation in angle of attack. The remaining
master parameters exhibit less response. All rotor loads and
stresses remained well within acceptable limits.

The data presented in Figure 173 depicts typical loads and
stresses for the tailcone/empennage area of the airframe
versus sideslip for the same 180-knot sideslip conditions.
Unlike the ro*or loads and stresses where the effect of side-
slip was small, the effect of sideslip on the tailcone/
empennage 1is more pronounced.

A shake test was conducted on the tail of the aircraft,
inputting vertical vibratory forces separately at the taillcone
centerline and at the right vertical fin. ©0f the several
modes defined, two were predominant at rotor blade passage
freguencies. The first predominant mode was an antisymmetric
(roil) mode of the empennage/tailcone. This mode adversely
~ffects both the tailcone/fuselage attachment area and the
horizontal stabilizer/tailcone attachment area. The second
predominant mode was an empennage (horizontal stabilizer)
symmetric mode which exhibited less effect on the horizontal
stabilizer/tailcone/fuselage atttachment areas but showed a
strong influence on both elevator and rudder rod loads. The
symmetric mode (vertical shake at the tailcone centerline)
affected the elevator rod loads due to the inertia effects of
the elevator and the resulting elevator hinge moments. The
rudder surfaces are designed with antiflutter overbalance
weights located at the top of the control surface. It was
theorized that the overbalance weights were responding 1in
opposite directions, with the tail responding in the symmetric
\ mode. Due to the kinematics of the rudder control system, the
i ] rudder rod loads (rudder hinge moments) increased with the
t - magnitude of the empennage symmetric mode response. The
theory was proven during the shake test when the rudder rod
loads reduced to near zero with the overbalance weight
removed.

, The variation of loads and stresses in the tail section versus
| i sideslip shows the effect of both the symmetric and anti-

1 symmetric tail response to rotor forcing functions plus arn
apparent downwash impingement from the lower rotor. The rotor
forcing functions are affected by changes in the individual
rotor effective control phase angle (I') due to the sideslip
angle. In addition, the impact of the downwash impingement is
modified by the location of the tail in relation to the rotor
wake with sideslip.
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Summary of 90-Degree Crossover Auxiliarv Propulsion
Ctrvotural Results:

1, Changes in rotor speed between 90 and 104 percent N
did not significantly affect rotor loads an
stresses. However, the stress at the tall of the

aircraft was maximum at 100 to 101 percent N, and
the stress on the thrust engine support strudture
increased as rotor speed decreased, hampering the
effort to effectively demonstrate the ABC concept on
the XH-59A airframe.

2. Differential 1longitudinal cyclic control did not
significantly affect rotor loads/stresses. However,
the tail stress was minimized at +10¢ percent
control.

3. Differential lateral c¢yclic control had a very
strong influence on rotor loads and stresses, but
did not affect the airframe.
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4. Differential collective praimiarily produced minor
changes in rotor tip clearance.

5. Evidence indicated rotor wake impingement on the
tail area at all forward speeds.

5. Most rotor lcads correlated with rotor tip
clearance.
7. Tip clearance and rotor 1loads were successfully

controlled to 204 KTAS.

8. XH-59AA airframe response was a limiting factor in
demonstration of the ABC limitations.

9. The XH-59A demonstrated the absence of rotor blade
stall at 180 KCAS through a CT/ g = 0.21.

10. Gyroscopic effects were evident in the ABC rotors
during rolling reversals.

Auxiliary Propulsion Testing - 0-Degree Rotor Crossover

This phase of the test program was conducted through a series
of 34 flights from November 11, 1979 throuch May 29, 1980.
The buildup in envelope expansion was lnitiated at 140 knots
with a maximum airspeed of 227 KCAS (238 KTAS) being achieved.
The aircraft envelope eXpansion technique used for the 90-
degree crossover test phase was retained for this phase of
testing.

Rotor Trim Mapping

As with the 90-degree rotor crossover testing, a limited
amount of rotor trim and rotor speed mapping was necessary
with each increment of airspeed. In addition, collective
control and elevator angle mapping were also investigated.

Effects of Rotor Speed

The effects of rotor speed on the primary structural param-
eters for the O(O-degree rotor crossover configuration are
presented in Figure 174. The data show that the rotor para-
meters were not significantly affected by rotor speed in the
range evaluated. Comparison with the data in the 90-degree
rotor crossover data lead to the same conclusion. There are
slight variations 1in the shallow slopes of the data due 1in
part to normal data scatter and to an impedance change of the

+ 1+ < +h ~A ~h
rotor systen .I.Csd.l.\.lng from thne ctor index cnange.
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Figqure 175 presents the effect of rotor speed on the airframe
parameters, The J-60 engine attachment <structure (Figure
175B) had the same sensitivity to reduced rotor speed as in
the 90-degree crossover cenfiguration; however, the wvibratory
stress was reduced to well below the endurance limit in the
0~degree crossover configquration.

The wibratory stress raster stress locations on the ta:lcone
and stabiiizer attachment areas (Figure 17%C and D) were not
as sensitive to variation 1n rotor speed at 160 kncts when

compared to tne 9Jd0-degree crossover data. The wikratory
stress was alsc substantially reduced as a result of the rotcl
index change. It should alsc be noted that the horizonual

stabilizer attachment fittings were changed from aluminum to

steel at the same time, provi1ding greater attachment hardware
strength.

Figure 175E and F show the response of the rudder vibratory
control loads tc rotor speed. The respcnse was the same as
with the 90-degree <c¢rossover configquration; however, the
ampl:itude was increased. This 1ncrease resulted from exciting
the symmetric mode of the horizontal stabilizer which in turn
caused the rudder overbalance weights to generate high wvibra-
tory control rod loads.

Figure 175. Effect of Rotor Specd on Alrframe
Loads and Stresses, Aux Fropulsion
Configuration.
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Effects of Differential Longitudinal Control (Ai):

Figure 176 shows the influence o¢f differential longitudinal
cyclic control on che rotor loads and stresses. At 160 knots
the rotor remained insensitive to A!, similar to the results
obtained with 90-dcgree rotor croésover at 160 knots and
below. The 1influence at 180 knots changed for rotor .aboard
blade bending (Figures 176A and B) as well as upper rotor
shaft stress (Figure 176F). This effect was influenced Lty
higher airspeed, changes i1n elevator setting and the ise of
different values of positive A! required to retrim *he rotor
with the change 1in elevator Set&ing.

The ailrframe vibratory stress at the J-60 attachments {Figure
177A and B) and the rudder rod vibratory loads (Figure 177E
and F) remained 1insensitive to A!l. The tallcone and
stabilizeyr stresses (Figure 177C and DH show some increase in
stress levels with increasing differential longitudinal con-
trol.

Effects of Differential Lateral Contrel (Bi):

The effects of B! on the rotor loads, stresses and tip clear-
ance tfor the O—dé%ree crossover configuration are presented 1in
Figure 178. Rotor blade bending, hub stresses, upper rotor
shaft pending, and tip clearance had the same strong gradient
with B! as the 90-~degree crossover configuration. Figure 179
again 1shows that Bj did not have a significant effect on
alrframe stress.

Cffects of Differential Coliective Control (£ t):

Figure 180 shows that variation of 48, did not significantly
affect the roter loads. Minor changes.%o the curve slopes for
the 0-degree croussover were evident for the rotor blade and
hub load/stress. These slope changes relative to the 90-
degree crossover data were probably due to the rotor system
impedance change associated with the rotor index change. The
gradient ¢t votor tip clearance teo &Ot 1emalined unchanged.

The ailrframe parameters again were conly mildly sensitive to
variations in Ae,_. as was shown for 90-degree rotor crossover
indexing (Figure EBl).

Fffect of Collective:

As the airspeed envelope was expanded beyond 180 Kknots, 1t
became evident that variations in rotor differential controls
were not sufficient to keep the rotor loads and the main
transmission foot loads within their woirking endurance limits.
Data from 1isolated test conditions where small collective
changes had been made 1ndicated that the rotor loads and some
alrframe components were significantly affected by collective
position. Systematic changes in collective position were
evaluated for stress,/load reductions and handiing qualities
consideration.
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Figure 177. Effect of Differential Longitudinal
Control on Airframe Loads and Stresses,
Aux Propulsion Configuration.

Figure 182 presents the effect of collective position on rotor
loads. The data show that except for the control 1loads
(Figure 182G and H), the rotor loads were very sensitive to
increasing collective. As airspeed increased, the sensitivity
to collective position became more critical. Upper rotor hub
stress, lower rotor blade bending at 10 percent radius, and
upper rotor shaft stress were the most critical locations on
the rotor system. Note that lowering the collective decreased
the hub and blade vibratory loads but increased the stress at
the base of the upper rotor shaft (Upper Rotor sShaft stress,
Figure 182F). For airspeed of 220 knots and above, the
collective position will be critical.

Note also the characteristic of the upper rotor shaft stress

(Figure 182F). At the lower airspeeds, the stress increased
with increased collective; at the higher speeds, the stress
decreased with increased collective. This ¢gage location was

sensitive to rotor pitching moment. It is believed that this
slope change was due to the change in direction of the rotor
pitching moment, i.e., the pitching moment went through zero.
These slopes canh also be affected by how the pitching moment
is shared between the two rotors and by elevator angle. More
work is needed to accurately determine this influence.
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Figure 1821 also demonstrates that lowering the collective
increased the rotor tip clearance. This same result was seen
by increacing B,'. The mechanism is effectively the same.
Bcth control met%ods reduce rotor blade pizch on the advancing
si1de and move the spanwise 1iftc inboard.

The 1influence of collective position on the airframe and

rudder rods is shown in Figure 183. The J-60 support struc-
ture and the rudder rod vibratory locads were not significantly
affected by collective. The tailcone and stabilizer attach-

ments showed a steep gradient with increased collective at 20C
knots.

The vibratory loads at the main transmission attachments are

presented in Figure 184. The data indicate the vibratorv
loads at 200 knots were significantly reduced by reducing
collective. The vibratory 1lecads at 180 knets were not

significantly affected by collective position.

The collective schedule established to fly to 227 KCA3 was
predicated upon Kkeeping the rotor loads and main transmission
feet loads within their respective working endurance Jlimits.
Figure 185 shows the steady loads at the main transmission
attachments.

Effect of Elevator Angle:

Changing the rotor crossover configuration from 90 degrees to
0 degree resulted 1in excesslve elevator control rod leoads by
160 knots. These loads were caused by elevator 1inertia when
the elevator responded to the vibratory pitcling moments that
are transferred to the stationary, system in the O degree
crossover index. To eliminate the problem, the elevator was
strapped to the stabilizer across the hinge line. The 1initial
flights 1in this configuration resulted 1in dramatic changes 1in
some of the rotor loads and stresses. Analysis of this data
and previous data indicated that the unstrapped elevator had
been making small angle changes in flight due to some control
rod hysteresis and minor attachment backup structure deforma-
tion. The analysis also indicated that small elevator changes
had a larger than anticipated effect on rotor component loads
and stresses. To assess this effect, changes 1in elevator
angle were evaluated.

The effects of elevator angle on rotor component loads and
stresses is presented in Figure 186. The trends, based on 160
knots, show that an elevator angle of -1 degree to -1.5 degree
provided minimum loads and stresses. Data at bhigher ailispeed
reflect this trend, however, the data set 1s nct complete.
Changes 1n elevator angle showed insignificant effect or tip
clearance (Figure 1861).
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The trends a1 elevator angie on airframe lszads and stresses
(Figure 127) were mixed with the most dramatic effect taking
place 1n the fuselage tailcone attachment area (Figure 1B87C)
and the horizontal stabilizer attachment (Figure 187D).

Flight to Maximum Speed:

The data 1in Figures 188 through 190 present a comparison of
the results obtained during flight to maximum speed for both
the 20-degree crossover and O-degree crossover aircraft test
configurations. The maximum airspeeds attained were 194 KCAS
(234 KTAS) for the 90-degree crossover configuration and 227
RCAS (238 KTAS) for the 0O-degree crossover configquration.

The 1information in Figure 188 depicts the difference 1n sig-
nificant cockplt control trim parameters plus the difference
in elevator angle used for the two rotor crossover cenfigura-

ticns.  With the exception of elevator angie whicn had not
been optimized, the most significant trim changes were collec-
tive and rotor speed. The trim changes for differentiail

longitudinal <ontrol (A]) and differential collective trim
(~8,) were consistent wlth belancing upper and lower rotor
lif£ and pitching moments as a function of elevator angle.

The first significant difference between 90-degree and O0-
degree rotor crossover is the fact that a premature reduction
in rotor speed to reduce tail stresses was unnecessary with
the 0O-degree rotor croezsvar.  On the negative side, however,

the rudder rod loads (Figure 189F) exceeded the established.

endurance limits (Ew) which, as previously discussed, 1is
directly attributable to the horizontal stabilizer symmetric
response to O-degree rotor crossover. The fuselage/tailcone
attachment area stresses were unchanged (Figure 189C). The
horizontal stabilizer attachment stress improvement (Figure
189D) is attributed both to the change in stabilizer response
from an antisymmetric response with 90-degree rotor crossover
to a symmetric response with U-degree rotor crcssover plus the
hardware material change from aluminum to steel.

All master rotor component locads and stresses remained within
their respective endurance limits (Figure 15C). The upper
rotor hub master stress was controlled at speeds up to 200
knots with differential lateral control (B!) and was con-
trolled for speeds above 200 knots with & combination of
differential lateral control (B]) and a step reduction in
collective from 34 percent to 90 percent. This effect can
also be observed in other rotor component master load and

stress parameters as well as rotor tip clearance. The
difference 1in rotor tip clearance shown in Figure 190 1s not
due to the change 1in rotor crossover. It is duec to the

difference in control settings used, as shown in Figure 188.
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The upper rotor shaft master stress, which as noted earlic:
responds to total rotor pitching moment, was approaching

endurance at maximum airspeed (Figure 190F). This dramatic
increase in stress was the result of two parameters. The
first parameter was excessive negative elevator angle. The

change 1in slope above 200 knots was the result ctf the collec-
tive red.~tion necessary to contain the upper rotor head
master stress. The resultant rotor thrust reduction was
compensated for with increased rotor angle of attack to main-
tain level flight. This in turn resulted in au illcrease in
total rotor nose-up piltching mecment due to the increase in
horizontal tail angle of attack, thus causing the slope
change.

Etfects of Load Factor:

The effect of load factor on rotor tip c¢learance for the
0-degree rotor crossover configuration is presented in Figure

191. The trend of decreasing tip clearance with increased
load factor was the same as obtained with the 90-degree cross-
over configuration previously shown in Figure 170. Comparing

the results obtained at 180 knots for both rotor crossover
configuratons shows agreement within one inch, which iz well
within the t two-inch accuracy quoted for the tip path monitor.
It may be noted that there is less tip separation closure at
200 knots than 180 knots with increasing load factor. Flight
data chows that less angle of attack change per unit load
factor is required at 200 knots, which results in lower gyro-
scopic loading of the rotor discs. Data obtained in both the
90-degree and (O-~degree crossover configuratiocns indicate that
naximum tip closure witn increasing load factor occurs at 189
knots and that the effect decreases as speed 1increases.
Additional testing at higher Aairspeeds is required to confirm
this trend.

The effect of 1load factor on rotor control Iocads fol the
O0-degree rotor crossover configuration is presented in Figuie
192. The trend of decreasing control load with decreasing
load factor agrees with the data obtained in the 30-degree
rotor crossover configuration (Figure 170). The slope of
increasing control iload with increasing load factor 1s steeper
with a (O-degree rotor crossover. The mechanism for this slope
change was trim flight collective setting with 40 percent
collective used with 90-degree crossover and 34 peicent col-
lective used with 0O~degree crossover. With the lower collec-
tive setting for the (O-degree crossover configuration, larger
rotor speed increases with Increasing load factor were ob-
served than with the 40-percent collective tfor the y0-degree
crossover configuration and resulted 1n an 1ncromental in-
crease 1n contiol loaed when compared to the same condition

with 40-percent collective,
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Effect of Roll Rate:

Only limited roll rate testing was conducted with (-degrec
rotor crossover. The effect of roll rate on rotor tip clear-
ance for the 0O-degree rotor crossover configuration is shown
in Figure 193. Comparing the 187 knot data with 90-degree
rotor crossover 180-~knot data (Figure 171) shows that the
characteristics are essentially the same. However, the ini-
tial trim rotor tip clearance value for 0-degree cressover is
lower. This is the result of trimming the rotor with a dif-
ferent combination of differential collective and differential
longitudinal control. Both conditions were tested with 40-
percent collective. The 200-knot data are similar to the
180-knot data; however, the initial trim rotor tip clearance
is higher based on using 34 percent collective and more dif-
ferential lateral contreol to control rotor stresses.

Effect of Sideslip:

Figures 194 and 195 show the effect of sideslip at 180 knots
for O-degree roteor crossover. This data may be compared to
Figures 172 and 173 in the 90-degree crossover configuration.
Wwith the exception of the upper shaft master stress, only
minor differences are noted. The difference in upper shaft
master stress values are attributed to rotor total pitching
moment differences due to using more trailing-edge-down eleva-
tor and 5 percent more collective for the 0-degree crossover
configuration as the elevator was strapped. The increase in
rudder control rod loads for the (O-degree crossover configura-
tion is directly attributable to the previously-discussed
horizontal stabilizer and rudder overbalance weight response.

The variation of loads and stresses in the tail sectior versus
sideslip shows the effect of both the symmetric¢ and anti-
symmetric tail response to rotor forcing function plus an
apparent downwash impingement from the lower rotor. The rotor
forcing functions are affected by changes in the individual
rotor effective control phase angle (I') due to the sideslip
angle, and the impact of the downwash impingement is modified
by the location of the tail in relation to the rotor wake with
sideslip.
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4 a,
v 3 Sumrary of U-Degree Crossover Auxillary Propulsion
Structural Results
~ 3 Changing the 1rotor crosscver from 90 degrees to 0 degree:

S L. Allowed a significant increase in the alrcraft speed
g { and maneuver envelopes over those tlown 1n  the
[ 3 90 -degree crossover.

2. Changed tle 1mpedance of Lhe ro{er system. This
iwpedance chaage resulted in the upper rotor hub
master stress lucation becoming the =ritical struc-
tural rovor parameter for alrspeed expansion with
the O~degree crosgovear.

3. Changed cthe roto: induced 3F axcitation of the i7v-
frame from rol'-yaw fo piltch/lenglitucdinal Th:s

change 1n Jarection »f theé 3P excitation:

a) Reduced the stress at the J-b0 enuigz
sSUpport. structure well below the working
endurauce limit,




b) Produced symmetrical bending of the hori- .
zontal stabilizer, causing the left and
right rudder overbalance weights to work
against each other via the rudder control
rods. Increased rudder rod loads resulted,
necessitating a change to steel rudder
rods. With the aluminum rod, loads exceed-
ed the endurance 1limit above 200 KCAS.

Replacing the stabilizer forward attachment fitting with a
steel fitting during the rotor index change eliminated the
stress problem at that location.

The stress at the tailcone/fuselage junction remained above
the endurance value for both rotor crossover configurations.
However, due to the redundancy of the structure in this area, ,
the stress 1level was not considered critical for flight ;
limitation.

The rotor differential control system remained an effective
means of controlling rotor loads and tip clearance for the
0-degree crossover configuration. Differential lateral con-
trol (B)) had the most significant effect on rotor loads and
tip clehrance below 200 knots. Collective and Bi provided
the most significant effect above 200 kneots.

o el e

The rotor control loads for the (-degree crossover data had
steeper gradients than the 90-degree crossover data for load
factor maneuvers.

The sidesl’p maneuvers indicated an apparent rotor wake
impingement on the tail area for both crossover configura-
tions.

DYNAMICS 90-DEGREE ROTOR CROSSOVER

Aircraft Aeroelastic Stability

The rotor and fixed control surfaces were demonstrated to be
stable throughout the flight envelope, including trim flight
to 194 KCAS. Considerable emphasis was placed upon the sta-
bility characteristics of the blade edgewise response, partic-
ularly in light of the high forward speed target and the
autogyro mode of operation for the aircraft. Operation in
this mode is somewhat equivalent to the minimum damping flight
condition found in helicopter flight, and was therefore
closely mcnitored. Much prior analysis and a 1,5 Froude scale
model test had shown that the edgewise mode would be stable to
300 knots.
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The edgewise damping trends shown 1in Figure 196 reflect the
same basic character as seen in helicopter operation - minimum
blade damping was coincident with minimum rotor power reguire-
ment. It is also seen that minimum rotor damping is nominally
achieved in the range of the aircraft power bucket region,
with damping then tending to increase with increasing airspeed.

Rotor and fixed system control surface flutter were also

monitored as the flight envelope was expanded. waveform
analysis of c¢ritical parameters was performed to ensure that
the aircraft was not approcaching a flutter boundary. The

blade torsional response character was tracked by examining
pushrod response, which was found to demonstrate none of the
characteristics descriptive of either classic or stall flutter.
Positive fixed surface flutter stability margins were verified
by evaluation of the nonharmonic response characteristics cf
the control rod lecads for each surface. Nonharmonic response
analysis indicated no unusual buildup of loads against air-
speed which could be attributed to reduced modal stability
descriptive of approaching a flutter boundary.
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Figure 196. Blade Edgewise Damping,
Aux Propulsion Configuration.
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Arrframe Vibration

Figure 197 shows a composite plot of the 3F cockpit vibration,
thrust engine vibration, and herizental tail fitting vibratory
stress. As predicted, the lateral vibration was lower than in

the helicopter mode at the same airspeeds. The change of
vibration with rotor speed is also noted in Figure 197 for the
airspeeds tested and 1is also plotted i1n Figure 198. The

general trend of the vibraticn and stress 1s to increase with
airspeed following the increasing 3P roll moment (Figure 199).
As the rotor speed is changed, the 3P roll moment trend 1s not
significantly altered so that the changes of vibration and
stresses with rotor speed (Figures 197 and 198, are strictly a
reflection of the dynamic characteristics of the fuselage. &2
subsequent shake test of the auxiliary propulsion configura-
tion confirmed this fact.

The basic dilemma with the aircraft with the 90-degree rotor
crossover was the fact that the roter speed could only be
reduced *to 90 percent N, near 200 knots. As shown in Figures
197 and 196, this had al%ery favorable effect on tail stresses
(HSF 12) and cockpit lateral vibration, but increased the J-6¢0
vibration and cockpit vertical. While the N_ trends shown in
Figure 198 indicate this tendency of vibratign to reverse due
to the airframe mode at 90 percent N_,, steady-state investiga-
tion of lower rotor speeds was not pgssible.

Figure 149% shows the measured 3P rotor vibratory forces and
moments derived from blade bending at +10 percent radius and
summed 1nto the fixed system. The total lcads shown account
for the rotor phasing so that for this arrangement (90-degree
crossover) the major force into the fuselage 1s the 3P roll
moments. The total pitching moment, vertical force and longi-
tudinal force are theoretically cancelled with the 90-degree
crossover. Test data in Figure 199 show a high degree of
cancellation of these 3P loads indicating egual locad sharing
between the rotors.

It should be noted that the ABC flight results shown are with
no vibration treatment in the aircraft. Most modern three- or
four-bladed helicopters devote anywhere from 1-1/2 to 2~1/2
percent of thelr weight emptv for this purpose. Addition of
vibration treatment would substantially reduce the aircraft
vibration levels.
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Figure 200. Cockpit 3P Vibration Comparison at
200 KIAS, Aux Propulsion Configuration.

vibration. Figures 201 and 202 show the comparison of
vertical and inplane vibration with ailrspeed for both rotor
phases for this non-vibration treated XH4-59 aircraft. The

change of index allowed & maximum airspeed of 238 KTAS to be
flown with cockpit vertical vibration equivalent to 160 knots
at 90-degree crossover. The longitudinal vibration was less
than the lateral by 30 percent at 200 knots. The residual
lateral with O-degree cressover or longitudinal with 90-degree
crossover were both low ( 0.2g) indicating that the 3P inter=-
rotor moment cancellation was effective. Both of these
figures show that the vibration 1s lower at 150 knots for the
XH-59A than equivalent, untreated heliccpters and that the
vibration could be reduced to modern-day levels with vibration
treatment devices installed.

Figqure 203 shows that the J-60 engine mount stresses were cut
in half with O-degree crossover to levels within the allow-
able. Figure 204 shows the same results for the horizontal
stabilizer attachment fitting. In both cases, this large
reduction was due to the elimination of the assymmetric load
which occurred when the 3P rc¢ll moment was the major rotor
exciting force. Vibratory ai-frame stress in the tailcone
area and main rotor transmission attachments did become a
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factor with the rotors indexed at (0-degree crossover. These
stresses were due to an airframe symmetric mode near 16.0 Hz,
which 1s equivalent to 3P forcing at 94 percent rotor speed.

As mentioned previously, a hanging shake test of the ABC
aircraft in the auxiliary propulsion configuration was accom-
plished 1n the summer of 1979. The aircraft was extensively
instrumented for both vibraticn and stresses in the critical
areas (engine mounts, stabilizer attachments, etc) so that the
response and stresses 1in the aircraft for the important 3P
rotor loads could be measured and guantified. It was found
that the 3P pitch moment or rolling moment were mainly respon-
sible for the inflight 3P vibration or stresses 1in the air-
frame. Figures 205 and 206 show that very good correlation
was attained between measured flight 3P vibration in the
cockpit and calculated 3P data using the shake test mobilities
(g/load) and measured inflight 3P moments at 180 knots. The
match over an rpm range using only 3P roll moments as the
forcing load indicates that this method could be used to
predict the vibration and stress for a change of rotor index,
where the 3P pitch moment is the important vibratory 1load.
The fuselage dynamic characteristics are taken from the hang-
ing shake test for pitch excitation. Figqure 206 illustrates
that the trends cof the J-60 mount stress and stabilizer fit-
ting stress were calculated well by this method for the 90-
degree crossover. The absolute value of the stabilizer stress
is off somewhat due to aerodynamic impingement on the vertical
tail. Figure 207 shows the projected 3P cockpit vibration for
the XH-59A with the rotor staging downward as the airspeed is
advanced and one with a ccnstant rotor rpm. In the case of
0-degree crossover, unlike 90-degree, the deciease of rpm
required to maintain lower tip Mach number is a disadvantage
from a cockpit 3P vibration standpoint although it was an
advantage for the tailcone stresses.

As the flight envelope was expanded rather quickly it becane
apparent that the engine mount stress, tail 1lug stress, and
cockpit vibration were much more subdued with the O-degree
cressover setting. At low speed (120 knots), the effect of
collective and B! were evaluated to determine the sensitivity
of the 3P pitch 'moment and the resulting aircraft vibration.
while the collective had some effect (higher collective was
higher 3P pitch moment), the B! control did not have a large
effect on 3P loads or vibration. High-speed dates were
attained with the collective held constant and the rotor speed
at 98 percent. Figure 208 shows a composite cockpit vibration
plot for these flights, flown to over 235 Knots. The vibra-
tion environment is much more acceptable than with 90-degree
crossover which was presented in Figure 197, and compared at
20C knots in Figure 200.
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Figure 209 shows the 3P roll moment with g0-degres crossover
and tne 3P pitch moment with O-decgree crossover are essen-
tially equal. The vibration and dynamic stress differences in
the flight program for different rotor indexes were a function
of the XH-59A fuselage structure. These differences were
highlighted by the hanging shake test and indicated substant-
ial changes dependent on the frequency (therefore rpm} at
which the structure was excited. In general, the XH-59A
structure and aircrew were more tolerant to the symmetrical
loading of O-degree cCrossover. In either case however, the
basic culprit was the magnitude of the xrotor vibratory 3P
moments shaking the airframe. Airframe response to those
moments would be substantially reduced if suitable vibration
treatment were installed. Alternately, higher harmonic con-
trol has been shown analytically to substantially reduce (by 90
percent) the 3P rotor moments.
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RESULTS AND CONCLUSIONS

. Completion of the 106-hour flight test program in both the
helicopter and auxiliary propulsion flight modes supports the
following major resu.ts and conclusions:

1. The ABC high~lift capability independent of airspeed
: has been verified up to 238 KTAS.

2. The ability of the ABC rotor to maintaln airspeed at
N altitude has been demonstrated in the helicopter
g configuration.

3. Forward flight lift/drag ratios predicted for this

rotor system have been verified.

4. Handling gualities have been excellent with the
alicraft stable in both the low-speed and high-speed
- flight regimes. The entire speed envelope has been
demonstrated with SAS off. The high control power
available has resulted in a very maneuverable air-
craft without any tendency to overcontrol.

5. Rotor stress and control loads have been controll-
able as predicted and remained at acceptable values
throughout the level flight airspeed envelope.

6. Adequate tip clearance has been demonstrated through-
out a significant maneuver envelope at all airspeeds.
stiff blades and the absence of blade stall result
in very low control system loads.

7. Blade edgewise damping hes remalned stable; and
above minimum power required alrspeed, the critical
damping ratio is increasing.

8. Perceived noise levels in the helicopter cenfigura-
tion at hover and level forward flight vere 5 to 15
dB lower than those of a single rotor/stail rotor
helicopter of comparable size and power.

9. The excellent agility characteristics of th= ABC
rotor have been demonstrated throughout the flight
envelope. Particularly notable are 0 to 2g rotor

load capacity through 220 KCAS, seven second 360-
degree turns at hover, and excellent aircraft
responses with precise control.
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10. Blade twist of -10 degrees 1s adeqguate for speeds up
to approximately 200 knots but less twist is desire-
able for higher speeds.

, 11. The coarial ABC roters have a noticeably better
. hovering figure-of-merit than conventional single-
rotor helicopters. (A further improvement in air-
craft hover performance results from not having tu
pewer a tail rotor or other type of anti-torque
device.)

12. Rate of descent in autorotation is similar to other
helicopters of equal disc loading. At low collec-
rive settings, the XH-39A exhibited weak (or mildly
reversed) directional control, indicating a require-
ment for relocation or redesign of the vertical fins
and/or decoupling differential collective pitch yaw
control at low values of collective pitch.
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RECOMMENDATIONS

Based on the ccapletion of the flight testing tc date,
following recommendations are made:

1.

Flight testing should be conducted 1n the auxiliary
propulsion configuration at higher altitude to
uetermlne the rotor capabilities at high rotor

‘n value and to determine how maximum alrspeed
ngles with altitude.

Flight testing should be conducteqd at alternate
center-of-gravity locations to determine the effects
onn stability and controi and aircraft loads. Tail
size reductions should be considered.

Numerous mincr structural concerns on the e&ircraft
should be addiessed and resolved so as not to delay
further productive flight testing.

Areas where the ABC analytical methods do not corre-
late with the flight test results should be resolved
so that future flight testing can proceed at a more
efficient pace.

The XH-59A speed envelope should be further expanded
to determine what parameters will 1limit forward
speed. It should be determined if this limitation
is the result of the unigue XH-59A aircraft or 1f it
1s an inherent ABC limitation.

Methods for reducing rotor <cystem vibratory loads
should be investigated. These could include higher
haimonic control, which promises substantial vibra-
tion reduction with only a small penalty in aircraft
welight,

Flight testing should be conducted to investigate in
detail all the various parameters which affect the
rotor performance. These would include differential
lateral «cyclic pitch, differential longitudinal
cyclic pitch, differential collective pitch, control
phase angle, and variable elevator position.

Additional investigatior of low-speed autorotative
yaw control is recommerded.
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10.

11.

12.

13.

Additional flights with government pilots should be
conducted for further objective ewvaluation of the
Advancing Blade Concept and for limited operational
evaluation of the aircraft.

A current technoloqy rotor and drive system should
be installed to eliminate the present test restric-
tions of the AKH-59A aircraft. A composite rotor
system would allow an alternate value of blade twist
and airfoil chord distribution to be investigated,
while providing a substantially lighter rotor
svstem. An 1integrated propulsion system with two
engines powering both the rotors and an auxiliary
propulsion device would provide more power to the
rotor, would be lighter and more fuel efficient, and
would more closely represent the type of aircraft
confiqurations proposed to meet future production
requirements.

Subsequent to conversion tc a twin engine integrated
propulsion system configuration, further investiga-
tions of rotor speed stability in maneuvering flight
should be conducted.

Deveiopment of 1larger scale hardware should be
initiated to determine scaiing effects of the rotor
system i1f ABC is to be considered for substantially
larger gross weight aircraft.

Additicnal full-scale flight tests should be aug-
mented by koth full and reduced scale wind tunnel
tests, as appropriate. Model rotor testing and
model tests of interactions of rotors,/tail surfaces/
rusher props or fans should be conducted.
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LIST OF SYMBOLS

Longitudinal Cyclic Pitch
Differential Longitudinal Cyclic Pitch
Lateral Cyclic Pitch

pDifferential Lateral Cyclic Fitch
Number of Rotor Blades

Blade Chcrd

Thrust Coefficient

Thrust coefficient/Solidity Ratio
power Ccefficient

weight Coefficient

Weight coefficient/Solidity Ratio
Fatigue Endurance Limit

Figure of Merit

Density Altitude

Tail Incidence

Calibrated Airspeed

Longitudinal Wake pistribution
Coefficient

Rotor Roll Moment

potor Pitch Moment

Rotor Tip Mach Nuaber
speed Stability
Angle-of-Attack Stability
Rotor Speed. rpm

Referred Rctor Speed, Ipm
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Load Factor

Dynamic Pressure

Blade Radius Station

Slade Radius

Blade Thickness

Induced Velocity

Velocity, knots

Equivalent Airspeed

Referred Velocity

Referred Gross Weight

Angle of Attack

Control Phase Angle

Delta, a Differential

Pressure Ratio, P/Po

Damping Ratio

Transmission Efficierncy

Collective Pitch

Square Root of Temperature Ratio, T/To
Rotor Inflow Velocity

Advanced Ratio, VT/QR
Rotor solidity bc/nr
Azimuth Position
Damped Frequency
Natural Fregquency

Rotor Tip Speed
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Subscripts

e Equivalent
£ Fuselage
L Lower Rotor

o Root Blade Angle
] t Trim
U Upper Rotor
w.0. Washout
.75 75 Percent Blade Station
¢ ) 3
11
i y
! 4
v A
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